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Abstract

A study on reconfiguration manoevres applied to a tetrahedral formation in

highly elliptical orbits is proposed, by using a propellantless solution. The ma-

noeuvring strategy consists in exploiting certain environmental forces, specifi-

cally those provided by solar radiation pressure and atmospheric drag, by ac-

tively controlling the satellites’ attitudes. Through inverse dynamics particle

swarm optimization the optimal attitudes required for the manoeuvres are eval-

uated, whereas the configuration’s evolution is simulated by a high-fidelity or-

bital simulator. The goal of the reconfiguration problem is to find an optimal

control in order for the four spacecraft to reach a desired configuration in a spec-

ified portion of orbit, where the desired configuration is evaluated by a shape

and size geometric parameter. By increasing the manoeuvring time and the

satellites’ area to mass ratio, possible solutions to the limitations concerning

the proposed manoeuvring approach are verified.
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Optimization, Particle Swarm Optimization

1. Introduction

One of the biggest challenges when dealing with satellites in formation flying

is to ensure that the configuration satisfies certain conditions in terms of the

satellites’ position and attitude, related mainly to the task of keeping the forma-

tion from drifting away, as well as to the mission requirements. At the present

time, in order to deal with such challenges on board thrusters are used, chemical

and/or electrical, and especially the chemical ones require propellant. There-

fore, formation flying satellites require more fuel than stationkeeping a single

spacecraft, since the formation maintenance requirements are more demanding,

making the task of minimizing the fuel consumption even more important than

usual in space missions (Alfriend et al., 2009). For this reason great interest

is given in studying propellant-less solutions, such as passive manoeuvres ob-

tained by exploiting certain environmental forces like Solar Radiation Pressure

(SRP) and atmospheric drag. This paper investigates the feasibility of achieving

passive reconfiguration manoeuvres by using perturbing forces, in the case of a

tetrahedral satellite formation configuration in a Highly Elliptical Orbit (HEO),

for instants a Molniya type of orbit. This approach is to be considered as an

aid to the traditional propellant control solutions. It is thought primarily to

reduce the mission’s fuel requirements, therefore opening to the possibility of

extending the mission’s life (for example in the case of HEO such as Molniya

orbits or Tundra orbits, a ∆V of approximately 50 m/s per year per satellite

is required for station keeping manoeuvres (Konstantinov & Obukhov, 2005)

(Bruno & Pernicka, 2005), or as reported in (Armellin et al., 2004) for the case

of a low thrust propulsion an average ∆V consumption of 5.1 mm/s is required

for each orbit); secondarly, its feasibility can be considered in view of a back-up

system in case of a failure in the propulsion system.

In (Reid & Misra, 2011) the effects of aerodynamics forces on formation

flying satellites has been investigated, with the purpose of assessing the use of
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differential drag as a means of formation maintenance. A feasibility study on

the use of differential drag as a way to control a nano-satellite formation is con-

ducted in (Kumar et al., 2011), whereas in Ivanov et al. (2018) the possibility

of constructing and maintaining a tetrahedral configuration of four nanosatel-

lites after deployment in LEO is studied. In (Traub et al., 2018) it is possible

to find an extensive literature review of the major contributions which led to

the current state-of-the-art on the use of atmospheric forces as propellant-less

source of control for satellite formation flight, and the major key gaps that

need to be addressed in order to enhance the current state-of-the-art. SRP has

been studied with the purpose of station keeping manoeuvres in (Oliveira &

Prado, 2015) as a way to reduce fuel consumption by finding the necessary and

sufficient conditions to use solar sails in order to compensate or to reduce the

perturbation effects due to external forces received by a satellite. In (Parsay

& Schaub, 2017) and (Parsay et al., 2018) the use of solar sail is investigated

with the purpose of precessing the orbit apse lines of satellite in formation flying

on an Earth-centered orbit, in a Sun-synchronous way. In (Hou et al., 2016)

it is demonstrated that the control of tetrahedron satellite formation flying in

a geosynchronous orbit using SRP is feasible, both for formation maintenance

and for formation reconfiguration, whereas in (Mashtakov et al., 2018) the pos-

sibility of simultaneously controlling both the relative motion and the attitude

of satellites in formation flying via SRP is investigated, through solar sails made

of a material that is able to change its optical properties. (Williams & Wang,

2002) examines the proper use of a solar wing in order to maintain a desired

formation. Several studies have been made on the use of SRP to control forma-

tion flying around the L2 libration point in the Sun-Earth system, like the ones

conducted by (Shahid & Kumar, 2010, 2014), or by (Li & Williams, 2006) in

which reconfiguration of formations near one of the Sun-earth Libration points

is examined. In (Kumar et al., 2014) both the SRP and aerodynamic forces are

exploited in order to maintain satellite formations by controlling SRP or aerody-

namic flaps, although these forces are exploited separately by considering firstly

a Low Earth Orbit (LEO) and secondly a geostationary orbit.
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The optimal control problem addressed in this study resolves in a control

strategy such that, after reconfiguration, the four spacecraft are arranged in

order to form an acceptable tetrahedral configuration throughout a portion of

orbit around the apogee, referred to as the Region of Interest (ROI). A simi-

lar problem is addressed in (Huntington & Rao, 2008), in which the problem

is posed as a multi-phase nonlinear optimal control problem solved using the

Gauss pseudospectral method, in order to reconfigure a tetrahedral formation in

a fuel-optimal manner. Differently from (Huntington & Rao, 2008) in which a

propellant solution is adopted, the reconfiguration manoeuvres here considered

will be achieved through differential drag and differential SRP: by actively con-

trolling the satellites’ attitude it is possible to adequately orient the perturbing

forces in order to achieve the desired manoeuvres. By doing so the satellites’

orbits are modified thanks to the differential accelerations due to different ori-

entations of the satellites’ exposed areas.

The manoeuvring approach proposed in this paper has been already investi-

gated in (Spiller et al., 2017b, 2018) and (Spiller, 2018), where both differential

drag and differential SRP are considered as control variables for minimum-time

reconfiguration manoeuvres of different satellite formations, such as the Pro-

jected Circular Formation (PCF), the General Circular Formation (GCF) and

the Along-Track Formation (ATF), in the case of circular orbits. The main

difference from these works is the orbit choice for the study of the manoeuvring

approach and the formation choice. A HEO, in particular a Molnya type of

orbit, has been considered in order to study both the SRP and atmospheric

drag as control inputs on the same orbit, which makes this study also different

from the previously mentioned ones in which SRP and atmospheric drag are in

most of the times analysed as separate cases.

The satellites’ optimal attitude reorientation is evaluated by the imple-

mented Inverse Dynamics Particle Swarm Optimization (IPSO), which was ex-

tensively validated in previous works and perfectly adapts to the problem here

considered (Spiller & Curti, 2015; Spiller et al., 2015, 2017a,b; Spiller, 2018).

The attitude kinematics is modelled with improved B-Spline curves, whereas the
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orbital dynamics will be simulated through the software developed in (Spiller

et al., 2017b), based on a high-fidelity orbital simulator that includes the most

influent perturbations acting on the satellites.

Three are the main contributions of this paper to the current state of the

art on the matter of formation flying reconfiguration manoeuvres: 1) this study

verifies the feasibility of achieving passive reconfiguration manoeuvres in a HEO,

by exploiting both SRP and atmospheric drag, 2) through the test cases analysed

it was possible to define a limit regarding the manoeuvre realization, due to the

orientation of the orbit with respect to the Sun; 3) possible solutions to overcome

this limitation are suggested and verified, which consist in increasing the area

to mass ratio of the formation’s satellites, and extending the manoeuvring time.

The rest of the paper is organized as follows: Section 2 provides a description

of the reconfiguration problem that has been addressed in this paper, whereas

in Section 3 the reconfiguration strategy adopted to achieve the manoeuvre is

described. Details of the implementation of the IPSO are presented in Section

4, followed by a description of the numerical results obtained by the simulations

carried out on different test cases in Section 5. Finally in Section 6 conclusive

observations and remarks are given.

2. Satellite Formation Flying reconfiguration Problem

Let a tetrahedral configuration of NF = 4 satellites be considered, each

identified by the subscript i ∈ {1, ..., NF }. Given an Earth-Centred inertial

(ECI) reference frame as reported in Figure 1, and both the Keplerian term and

the Npert perturbation forces acting on the satellites, the equation of motion of

the ith satellite in the ECI frame is:

r̈i = − µ
r3
i

ri +

Npert∑
j=1

fj,i (1)

where µ = 3.986 · 10−5 km3/s2 is the Earth gravitational constant, ri is the

position’s vector of each satellite, fj,i represent the perturbing forces acting on

the satellites. The perturbation forces considered in the dynamic model are:
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Figure 1: ECI and LVLH refrence systems.

the gravitational harmonics contribution up to the 20th order; third body per-

turbations from the Sun and the Moon; the Solar Radiation Pressure (SRP);

the atmospheric drag, having considered the Jacchia-Roberts atmosphere model

(Vallado, 2001). The satellites’ relative dynamics are described with respect to

the formation’s mesocentre (i.e. the geometric centre of the formation). Given

the choice of the formation, the mesocentre is not occupied by a physical satel-

lite and it represents the origin of the rotating Local Vertical Local Horizontal

(LVLH) reference frame, as represented in Figure 1. The numerical integration

of the non-liner dynamics of each satellite is performed on the inertial state.

The relative representation of the formation is used only for a posteriori de-

scription. The reason for such a choice is related to the fact that the deputies’

inertial states have to be integrated in order to define the mesocentre’s position,

and since the perturbations are taken into account, there are no advantages in

expressing the non-linear equations of relative motion in the LVLH frame.

The reference orbit considered to study the configuration’s evolution is a
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Table 1: Molniya orbital elements.

Parameter Value Parameter Value

a (km) 26600 Ω (deg) 0

e 0.74 ω (deg) 270

i (deg) 63.4 ν0 (deg) 200

Molniya type of orbit, whose parameters can be found in Table 1. Because of

this choice of orbit, both SRP and atmospheric drag are considered as control

inputs in order to passively manoeuvre the formation’s satellites. The princi-

ple of exploiting differential forces is the main feature of the reconfiguration

strategy: these perturbations act on the satellites in different ways according to

their shape and mass, but more specifically these effects change depending on

the satellites’ attitudes since the same model is considered for all four satellites

of the formation. In order to achieve the desired configuration, these differen-

tial forces are exploited by adequately modifying the attitude of each satellite,

providing the necessary input to perform the orbital manoeuvre.
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Figure 2: Differential acceleration representation.
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By changing the satellites’ attitudes, the area of each satellite exposed to

the perturbing forces is modified, therefore the intensity and the direction of the

specific force due to the exploited perturbation is different from one satellite to

another. Differential accelerations, in fact, are defined as the vectorial differ-

ence between accelerations acting on two different satellites of the formation,

as shown in the explanatory representation in Figure 2. Hence, the differential

atmospheric drag acceleration and differential SRP acceleration acting on the

i− th satellite with respect to the j − th satellite, can be defined as follows:

a
(i,j)
DD = aDrag(ri, ṙi, ξi)− aDrag(rj , ṙi, ξj),

a
(i,j)
DSRP = aSRP (ri, ξi)− aSRP (rj , ξj)

(2)

where ξi represents the attitude of each satellite, with i, j ∈ {1, 2, 3, 4} and

i 6= j.
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Figure 3: Satellite’s model.

With reference to Figure 3, representing the satellite model which is con-

sidered equal for all four spacecraft and where the body reference frame B =
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{xB, yB, zB} is shown, it is possible to define the total accelerations due to at-

mospheric drag and SRP, acting on each satellite, as follows:

aDrag(r, ṙi, ξ) = −1

2
CD

∑
j:αj<

π
2

(Sj cosαj(ξ))

m
ρ(r)ṙ2v̂ (3)

aSRP (r, ξ) = 2ζγ
S0

mc

||r⊕,�||
||r⊕,� − r||

∑
j:βj<

π
2

(Sj cos2(βj )̂sj) (4)

The unit vector v̂ represents the normalized velocity of the satellite, whereas

the unit vector ŝj(ξ) represents the normal to each jth surface Sj of the satellite,

leaving αj(ξ) to be the angle in between. The angle β(ξ) instead is the angle

that each of the satellite’s surfaces make with the direction of the solar radiation

flux r̂sat,�, defined as going from the satellite to the Sun. Both these angles are

defined as in the following equations:

αj(ξ) = cos−1(ŝj(ξ) · v̂) (5)

βj(ξ) = cos−1(̂sj(ξ) · r̂sat,�) (6)

The remaining terms in Eq. (3) and (4) are: the drag coefficient CD, the

satellite mass m, the shadow function ζ, that takes into account umbra, light

and penumbra conditions of the satellite, taking on the values of 1 when the

satellite is outside the Earth shadow cone, 0 when it is inside and 0.5 when it is in

penumbra; the reflectivity coefficient γ; the solar constant S0 = 1352, 098 kg/s
2

and the speed of light c = 2.988 · 105 km/s. The estimation of the density ρ(r)

is carried out considering the Jacchia-Roberts model, which offers a reasonable

description with a moderate computational expense (Montenbruck & Gill, 2012),

which is already sufficiently costly for the problem addressed in this paper. Even

more sophisticated models have uncertainties in the density estimation, so there

is no reason to implement a more complicated model, considering also the fact

that the satellites experience the drag for a very short time compared to the

entire orbital period.

The objective behind the study of the reconfiguration manoeuvres is to ob-

tain a regular tetrahedron configuration in a specific region around the apogee of
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the reference orbit, defined as the Region of Interest (ROI) (Huntington & Rao,

2008). In order to have a regular tetrahedron configuration, the four spacecraft

have to be equally spaced, meaning that the distance between each pair of space-

craft has to be the same. The goal is to control an initial degraded tetrahedral

formation in order to satisfy the size and shape requirements in the ROI. The

ideal regular tetrahedral shape configuration is set with a 10 km side length,

where the formation regularity is evaluated by a geometric quality factor defined

similarly to the ones described in (Hughes, 2003; Guzman & Schiff, 2002) and

(Mailhe et al., 2000). The quality factor used to evaluate the configuration is a

shape and size dependent parameter characterized as follows:

Q =
V

V ∗
·QS(L̄) (7)

where V is the actual volume of the tetrahedral formation and V ∗ is the volume

of the ideal regular tetrahedron calculated considering a 10 km ideal side length.

In this way V ∗ is a constant parameter, whereas in the aforementioned references

the same parameter V ∗ is defined as the volume of a regular tetrahedron with

its sides equal to the average side length of the actual tetrahedron. This slight

difference in the definition of the quality factor is justified by the fact that the

ROI considered in this paper is not so extended, therefore the ideal tetrahedral

shape does not change that much in this portion of orbit, simplifying the analysis

of the reconfiguration problem here presented.

The term QS(L̄), in the previous equation, is a function that takes into

account the size of the tetrahedron and it is defined as:

QS(L̄) =



0 L̄ < l1

(L̄− l1)2 (L̄+l1−2l2)2

(l2−l1)4 l1 ≤ L̄ < l2

1 l2 ≤ L̄ < l3

(L̄− l4)2 (L̄+l4−2l3)2

(l4−l3)4 l3 ≤ L̄ < l4

0 L̄ > l4

(8)

where L̄ is the average length of the tetrahedron side, l1 = 4 km, l2 = 6 km,

l3 = 18 km and l4 = 20 km. The function QS is designed accordingly to the
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ideal value of the tetrahedron side length. Consequently the function is zero

when the average side is far from the nominal value and one when it is in the

admissible range.

2.1. Problem Statement

The optimization problem considered here consists in finding the best satel-

lites’ attitudes orientations, in order to adequately manoeuvre the formation so

as to satisfy the geometric requirements in the ROI. The initial time is identified

by t0 = 0, whereas the manoeuvring time can be chosen arbitrarly. Without

loss of generality, for this problem the final time is initially set equal to one

orbital period, therefore tf = Torb. It is worthwhile to also define the following

time vector characterizing the ROI:

t(ROI) = [t
(ROI)
0 + ∆t

(ROI)
0 , t

(ROI)
0 + ∆t

(ROI)
1 , ..., t

(ROI)
0 + ∆t(ROI)nt ] (9)

with ∆t
(ROI)
0 = 0.

Given an inertial reference frame and a fixed body reference frame, the

optimization problem here addressed can be modelled as follows:

Find: J0 = min

nt∑
i=0

|1−Q(t
(ROI)
0 + ∆t

(ROI)
i )|

subject to ∀j = 1, ..., NF , ∀t ∈ [t0, tf ]

Orbital Dynamics: r̈j = − µ
r3
j

rj + fpert(rj , ṙj , ξj ,ωj)

Attitude Dynamics: ωj = g(ξj , ξ̇j , ξ̈j); Mj = f(ξj , ξ̇j , ξ̈j);

Initial and Final Conditions: b(rj , ṙj , ξj ,ωj) = 0; e(ξj ,ωj) = 0;

Control constraint: p1 : ||Mj || −Mmax ≤ 0;

Inter-distance constraint: p2 : ||ri − rj || ≥ ∂min ∀i 6= j ∈ {1, ..., NF };

Configuration Constraint: c1 : Qmin ≤ Q(t(ROI)) ≤ Qmax

c2 : ξj(t
(ROI)) = 0

(10)

The above parameters and relations are defined as follows:
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• J0 is the cost function to be minimized during the optimization process.

The quantity that has to be reduced is given by the difference between

the desired ideal value of the quality factor (Q(t(ROI))) in the ROI and

the real value of the quality factor evaluated for every time instant of the

ROI.

• Q(t(ROI)) is the quality factor evaluated for all the time instants of the

numerical integration in the ROI; Qmin and Qmax are the minimum and

maximum admissible values in the ROI, which are set respectively to 0.9

and 1.1 (Huntington & Rao, 2008).

• rj ∈ R3 and ṙj ∈ R3 are the inertial positions and inertial velocities of

each satellite, whilst ξj ∈ R3 is the attitude parameterization given by

roll, pitch and yaw; ωj ∈ R3 is the body angular velocity expressed in the

body reference frame and Mj ∈ R3 is the external torque for the satellites’

attitude control. For abbreviation, the expression for the angular velocity

as a function of the Euler angle rates are contained in g(ξj, ξ̇j, ξ̈j), whereas

f(ξj, ξ̇j, ξ̈j) represents Euler’s equation, which relates the torques to the

attitude kinematics.

• fpert includes all the perturbing forces that have been previously men-

tioned, which are considered in the orbit dynamics simulator. The infor-

mation regarding the Sun and Moon’s ephemerides are downloaded from

the JPL HORIZONS on-line solar system data and ephemeris computa-

tion, which provides highly accurate ephemerides for solar system objects,

accordingly to the epoch in which the simulation is carried out.

• The initial conditions b(rj , ṙj , ξj ,ωj) are set on both the inertial positions

and velocities of each satellite, as well as on the attitude and angular

velocity; the final conditions e(ξj ,ωj), on the other hand, are set only on

the attitude and angular velocities of the satellites.

• The control constraint is necessary to guarantee that the control law is fea-

sible, whereas the inter-distance constraint sets a minimum safety distance
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among the satellites during the manoeuvre in order to avoid any collisions.

In this case ∂min is set to 4 km. As far as the configuration constraints are

concerned, they are set in order for the quality factor to range between

the minimum and maximum values allowed in the ROI (c1), while keeping

the satellites’ attitudes to a fixed and constant Earth-pointing orientation

(c2).

3. Reconfiguration Strategy

As previously stated, a Molniya type of orbit is considered as reference orbit.

Being so, the pericentre of the orbit is at 6916 km from the center of the Earth,

whilst the apocentre is at a distance of 46284 km. This implies that both the

SRP and atmospheric drag have a certain impact on the satellites, although

the atmospheric drag has a greater influence only in a limited region around

the pericentre of the orbit which happens to be also the fastest one. As a

consequence, satellites are affected by drag for a brief amount of time in such a

region compared to the time of the SRP influence.

Figure 4: Molniya reference orbit: arcs division.

As anticipated in the previous section, the manoeuvring time is set to one
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orbital period for simplicity, although this time can be extended to nTorb, with

n = 1, 2, 3... . The general idea is to study the control problem by dividing the

reference orbit into arcs, as shown in Figure 4. One arc is designated to be the

Region of Interest (ROI), defined by a range in true anomaly around the apogee

of the orbit; this range is set to be of ±20◦. The ROI is the portion of orbit

in which the goal of the manoeuvring strategy has to be accomplished, which

is to obtain a regular tetrahedron configuration. Therefore, the four satellites

of the formation have to meet the configuration conditions only in this region.

In the ROI the satellites’ attitudes are considered fixed to an Earth-pointing

orientation, as opposed to the remaining portion of orbit in which the satellites’

attitudes change in order to guarantee the best exploitation of the perturbing

forces, necessary to achieve the desired reconfiguration manoeuvres. Therefore,

the boundary constraints on the attitude in the controlled portion of orbit are

set consequently: the end and starting point of the ROI correspond respectively

to the initial and final conditions for the optimization problem. The remaining

part of the orbit is divided into three more arcs according to the SRP and

drag effects evaluated along the entire orbit. In fact, the magnitude of the

SRP effect becomes comparable to the drag from an altitude of approximately

800 km, therefore below such threshold the SRP contribution is not as strong

as the drag contribution (Montenbruck & Gill, 2012): in Arc1 and Arc3 SRP

is the main control input, whereas in Arc2 the satellites can briefly exploit the

atmospheric drag.

Table 2: Characterization of orbit’s arcs division.

Orbit’s region True Anomaly (deg) Time (hours)

Arc1 −160 ≤ ν ≤ −23 3.2173

Arc2 −23 ≤ ν ≤ 23 0.1576

Arc3 23 ≤ ν ≤ 160 3.2173

ROI 160 ≤ ν ≤ 200 5.4008

In Table 2 the characterization of the arcs is shown, in terms of range in true

anomaly in which they are defined, and the approximate equivalent time spent in
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each arc. It is noticeable how Arc1 and Arc3 together correspond to the largest

portion of orbit, therefore making the SRP the perturbation that is mostly

exploited for manoeuvring the satellites. On the other hand, Arc2, being smaller

and around the pericenter of the orbit, is the region in which the satellites spend

a considerable shorter time, yet still being able to exploit the atmospheric drag.

The setting on the attitude parameters consists in leaving the three angles of

the attitude parametrization free to take on any value in the allowed range of

values in Arc1 and Arc3, whereas in Arc2 the satellites’ attitudes are considered

constant. By doing so, the idea of achieving reconfiguration manoeuvres by the

use of differential forces is still valid; as a matter of fact, even though the

attitude angles are fixed in the central arc, each satellite maintains a constant

but different orientation from one another. The choice of maintaining a fixed

attitude for each satellite in the central arc is due to the fact that Arc2 is

smaller compared to the other arcs, and the formation spends a shorter time

span in this region in comparison to the duration of the other two arcs. Variable

attitudes in this region, together with the choice of the interpolating polynomial

for the attitude parameters’ approximation (which will be described in detail

in the next paragraphs) could cause numerical errors, since a fast dynamics is

required in a very short period in comparison with the dynamics required in the

first and third arcs. Therefore the simplest and most effective implementation

solution consists in keeping constant attitude angles in the central arc, without

compromising either the tests results or the strategy of exploiting differential

forces to achieve the desired manoeuvres.

4. IPSO applied to the reconfiguration problem

The optimization problem is solved through the IPSO algorithm which is

described in detail in (Spiller, 2018). In the following paragraph only the main

characteristics of the method will be presented since it has been profusely dis-

cussed in the works previously mentioned. Only the main details of the method’s

implementation applied to the satellite formation flying reconfiguration prob-
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lem addressed in this paper are presented, since it requires a slightly different

approach from the application in Spiller’s works.

The IPSO is based on the combination of the Particle Swarm Optimization

(PSO) and the inverse dynamics approach. The PSO is a meta-heuristic opti-

mization method based on the evolution of a fixed number of solutions called

particles, allowed to move in a feasible search space thanks to a perturbation

term known as velocity, which represents the rate at which the position per

generation changes. As in Spiller et al. (2018), in this work the velocity term

is evaluated through the local model of the PSO (Eberhart & Kennedy, 1995).

Differently from the more traditional direct dynamics approaches, which would

require the application of the PSO algorithm to the attitude control, through

the inverse dynamics approach the PSO algorithm is applied to the attitude

kinematics instead. The angular velocity of each satellite can be expressed as a

function of the attitude parameters in the body reference frame, ω = g(ξ, ξ̇, ξ̈),

therefore, from the attitude kinematics it is possible to express the sum of the

external torques through Euler’s equation:∑
Mext = Iω̇+ ω × Iω = f(ξ, ξ̇, ξ̈). (11)

Once the components of ξ are approximated with B-spline curves, the quan-

tities ξ̇ and ξ̈ are analytically evaluated, making it possible to express both the

angular velocity and the external torques in a closed form.

Two main consequences come from this approach: firstly the integration of

the attitude dynamics is avoided, thus reducing the already high computational

costs due to the high-fidelity simulator used for simulating the orbital dynamics;

secondly, the initial and final conditions on the attitude kinematics may be

imposed a priori. In this way, the attitude reorientation problem is set as a

sub-problem of the generic reconfiguration problem. Basically, the goal of the

optimization problem is to find an optimal attitude for the satellites to take on

in the controlled arcs region, and consequently the necessary torque to achieve

such attitude has to be evaluated in order to obtain a configuration as close as

possible to a regular tetrahedron in the ROI.
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Figure 5: IPSO block diagram.

The block diagram depicted in Figure 5 shows the optimization strategy in

a straightforward manner. The main steps of the algorithm can be summarized

as follows:

1. each particle is associated to NF attitude kinematics trajectories ξi ∈

R3, i = 1, ...NF , defined in the time span identified by the duration of

each of the arcs in which the SRP and atmospheric drag are exploited;

2. once the attitude history is known, aSRP and aDrag are evaluated and

the orbital dynamics integrated along the whole orbit thanks to the high-

fidelity simulator;

3. the configuration in the ROI is evaluated through the quality factor and

compared with the desired formation;

4. the IPSO searches for the optimal solution that guarantees a tetrahedral

configuration that satisfies all the constraints reported in Eq. (10).

In order for the IPSO to stop when an optimal solution is found, an exit con-

dition has to be defined. Usually the choice of a proper exit condition depends

on the problem to solve. In this case study, given the main goal of the reconfig-

uration manoeuvre, the optimization process stops when it is guaranteed that

the value of the quality factor evaluated in the ROI is within the maximum
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and minimum admissible values, therefore this exit condition can be defined as

follows:

∀t ∈ t(ROI)

min(Q(t(ROI))) > Qmin, and max (Q(t(ROI))) < Qmax
(12)

where min(Q(t(ROI))) and max(Q(t(ROI))) are respectively the minimum and

maximum value among the ones evaluated in the ROI, whereas Qmin = 0.9 and

Qmax = 1.1 set the thresholds that define the admissible range of values that

the quality factor can assume in the ROI. In addition to the exit condition, a

maximum number of 3000 iterations has also been imposed in order to limit the

computational time. In this way if the exit condition has not been met at the

3000th iteration, the numerical simulation stops requiring therefore a different

setting of the algorithm’s parameters.

4.1. Attitude approximation with B-Splines

Each satellite’s attitude is modelled with improved B-Spline curves, therefore

the optimization parameters can be defined as:

X(Arck) = [ξ̃T1 , τ̃
T
1 , ..., ξ̃

T
NF , τ̃

T
NF ]T ∈ R4NFNP (13)

where NP is the number of optimization parameters that define the B-Spline

curve such that ξ̃i ∈ R3NP and τ̃i ∈ RNP , with i = 1, ..., NF . The definition in

Eq. (13) is applied for all of the three arcs (k = 1, 2, 3) where the perturbations

are exploited. The attitude of each satellite has been approximated considering

the same B-Spline basis functions, meaning that the number of nodes, degree

and length of the interpolating polynomial have been set equally for each arc.

The total number of optimization parameters defined for each of the swarm’s

particles can be expressed as:

X = [XT
Arc1 ,X

T
Arc2 ,X

T
Arc3 ]T (14)

Thanks to the capability of B-Splines to shape curves, both the kinematic pa-

rameters (i.e roll, pitch and yaw) and the time are approximated with B-Spline
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polynomials defined over the control points Uj = [t̃jtf , ξ̃j ], j = 0, ..., Np − 1.

The B-Spline approximation depends on a strictly increasing variable 0 ≤ λ ≤ 1

and on the knot vector K = [k1 = 0 ≤ k2, ..., km−1 ≤ km = 1]T, where m is a

user defined value.

For each satellite, the generic component of the attitude parameters approx-

imation vector is defined as

ξNi (λ) = B(λ; ξ̃,K) =

Np−1∑
i=0

ξ̃iNi,D(λ;K) (15)

whereas the time is evaluated as

ti(λ) = tfB(λ; τ̃ ,K) = tf

Np−1∑
i=0

τ̃iNi,D(λ;K) (16)

where the basis functions Ni,D(λ;K) are obtained through the Cox-de Boor

recursion formula, and tf is the reference orbital period. The definitions in Eq.

(15) and (16) are also applied for each of the three arcs.

In order to guarantee an increasing total time coefficient vector, each of

the time coefficient vectors in Eq. (13) needs to be correctly defined. As a

consequence of this consideration and of the fact that the controlled arcs are

characterized by a different time of duration, the time vectors are defined as

follows:

τ̃i,Arck = [t̃
(1)
i,Arck

, ..., t̃
(NP )
i,Arck

] · αArck + βArck . (17)

where the terms in the above equation are characterized as:

t̃i =[t̃
(1)
i,Arc1

= 0, t̃
(1)
i,Arc1

< t̃
(2)
i,Arc1

, ...

..., t̃
(NP )
i,Arc1

= t̃
(1)
i,Arc2

, ..., t̃
(1)
i,Arc2

< t̃
(2)
i,Arc2

, ...

..., t̃
(NP )
i,Arc2

= t̃
(1)
i,Arc3

, t̃
(1)
i,Arc3

< t̃
(2)
i,Arc3

, ..., t̃
(NP )
i,Arc3

= 1]

(18)

with

αArck =
TArck

t̃
(NP )
Arck

− t̃(1)
Arck

βArck = T − t̃(1)
Arck

· αArck ,
(19)
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and

T =


0 k = 1

TArc1 k = 2

TArc1 + TArc2 k = 3

(20)

TArc1 , TArc2 and TArc3 are the arcs’ time intervals, reported in Table 2. In

addition, in order to correctly define the mathematical problem, it is necessary

that the approximated attitude is continuous and differentiable with respect

to the time going from one arc to the next one, with at least the first time

derivative continuous. In order to guarantee this, and to be coherent with the

choice of maintaining a fixed attitude for each satellite in the central controlled

arc (as already mentioned in the previous section), in the PSO the following

conditions have been set for the optimization parameters:

τ̃
(1)
i,Arc2

= τ̃
(NP )
i,Arc1

, ξ̃
(1)
i,Arc2

= ξ̃
(NP )
i,Arc1

, ξ̃
(Np−1)
i,Arc1

= ξ̃
(Np−2)
i,Arc1

= ξ̃
(1)
i,Arc2

;

τ̃
(1)
i,Arc3

= τ̃
(NP )
i,Arc2

, ξ̃
(1)
i,Arc3

= ξ̃
(NP )
i,Arc2

, ξ̃
(1)
i,Arc3

= ξ̃
(2)
i,Arc3

= ξ̃
(Np)
i,Arc2

.

(21)

As far as the time derivatives of ξN are concerned, they can be evaluated as

reported in (Spiller, 2018).

4.2. Performance Index Definition

The performance index, the penalty functions and the decreasing tolerances

technique are imposed accordingly to the criterion reported in (Spiller et al.,

2017b), adapting it to the problem addressed in this paper. The performance

index considered can be summarized as follows:

J = J0 +

Nc∑
i=1

Pi + µNvio (22)

where the terms Pi are the penalty functions associated with all the Nc = 3

constraints defined in Eq. (10), Nvio is the number of violated constraints and

µ is a user defined weight.

The control penalty function Pcontrol and the inter-distance penalty function

Pinterdist are evaluated for all the nT time instants of the numerical integration
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in the portion of orbit divided in the three arcs, therefore they can be expressed

as:

Pcontrol = wcont

NF∑
j=1

3∑
k=1

nT∑
i=0

βj,k(ti) (23)

Pinterdist = wint

NF−1∑
j=1

NF∑
k=j+1

nT∑
i=0

ηj,k(ti) (24)

with wcont and wint user defined parameters, and

βj,k(ti) =


0 if

|uj,k(ti)|
umax

− 1 < ∆cont

1 otherwise

ηj,k(ti) =

0 if ||rj − rk|| > (1−∆int)δmin

1 otherwise

(25)

where uj,k is the component of the jth satellite attitude control vector along

the kth body-axis, umax and δmin are respectively the maximum value of the

admissible control and the minimum distance allowed between the formation’s

satellites, which is set to 4 km in accordance with the values assigned in Eq. (7).

The tolerances ∆cont and ∆int decrease during the simulations in accordance

to the scheme presented in (Spiller et al., 2017b). Regarding the configuration

penalty function Pconf , it is evaluated for all the time instants of the numerical

integration in the ROI previously described in Eq. (9), and it is defined as:

Pconf = wQ

nt∑
i=0

λ(ti) (26)

with ti ∈ tROI , and

λ(ti) =

|Q(ti)−Qideal −∆Q| if |Q(ti)−Qideal| > ∆Q

0 otherwise

(27)

Similarly to Eq. (23) and (24), wQ is a user defined parameter, ∆Q is a decreas-

ing tolerance on the configuration evaluation and Qideal is the ideal value that

the quality factor should have in the ROI, which is set to 1 according to the

geometric parameter that was chosen to characterize the formation’s regularity.

21



5. Numerical Results

The numerical simulations aim to demonstrate the feasibility of the reconfig-

uration manoeuvre approach that has been presented, by considering a degraded

tetrahedral formation as initial condition of the optimization problem.

Table 3: Satellite parameters

Parameter Value

Central body mass 90 kg

Lateral panel mass 40 kg

Maximum area over mass ratio 0.1529 m2/kg

Drag coefficient CD 2.2

Inertia tensor Ix,B 1.28 · 103 kg·m2

Inertia tensor Iy,B 6.41 · 101 kg·m2

Inertia tensor Iz,B 1.23 · 103 kg·m2

Solar reflectivity 1

The simulations are carried out considering the same satellite model for

all the four members of the formation; the satellite’s dimension is shown in

Figure 3, whereas the other properties are reported in Table 3. The inertia

tensor is referred to the Body reference frame and it has been evaluated under

the assumption of a uniformly distributed mass over the central body and panels.

Regarding the PSO settings, a swarm of 30 particles has been chosen, and

the weights and initial tolerances as reported in Table 4.

Table 4: PSO parameters

Parameter Value Parameter Value

wcont 103 ∆cont 0.25

wint 103 ∆int 0.25

wQ 104 ∆Q 0.3

All of the B-Spline curves used for the attitude approximation are built

considering a number of NP = 6 control points and polynomials of degree 6,

therefore a knot vector of m = 12 knots. Considering the formation of NF = 4
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satellites, NP = 6 multiplied by the number of arcs in which the perturbations

are exploited (i.e. 3), three DOF for the attitude manoeuvres and the time

vectors, the total number of optimization variables associated to each particle is

280, having also considered that the initial and final conditions are set a priori.

The attitude of each satellite is defined by the orientation of the body ref-

erence frame with respect to the LVLH reference; the nominal orientation in

the ROI is characterized by having the xB axis aligned with the yL axis, the

yB axis aligned with the zL axis, therefore the zB axis orientated consequently.

Rotation limitations are set to ±90◦ per axis, with the exception of rotations

around the zB axis which are limited to ±180◦. The maximum value of the

admissible torque is set to Mmax = 10−3 N·m.

Regarding the satellites’ orbital dynamics integration, a Gauss-Jackson scheme

is chosen to fulfil the task with a 60-second step and the relative and absolute

tolerances set to 10−13 and 10−15 respectively. In addition to using the Gauss-

Jackson scheme, the efficiency of the numerical computation is improved by

using the Parallel Computing utility available in Matlab: the swarm’s particles

are divided among the different processes where the individual best may be up-

dated; it is only after all the particles of the current iteration are evaluated that

the global and local best are calculated.

Unless differently specified, the starting epoch of the simulations are set to

the date 01/01/2000 at 00:00:00 UTC, with the mesocentre of the formation

starting point set to an initial true anomaly of ν0 = 200◦.

5.1. Preliminary analysis

As a preliminary analysis, the satellites’ orbital dynamics was integrated

for a period of 10 orbits, considering a fixed Earth-pointing attitude, in order

to evaluate how the formation would evolve and change along the reference

orbit, without pursuing any kind of reconfiguration manoeuvre. The four satel-

lites’ initial conditions, in terms of orbit element differences (Schaub & Junkins,

2005), are listed in Table 5, which correspond to a quasi-regular tetrahedron

configuration characterized by a quality factor of value Q = 0.9609.
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Table 5: Satellites’ initial conditions for Q = 0.9609

δa(km) δe δi(deg) δM0(deg) δΩ(deg) δω(deg)

Sat1 −1.29e−6 2.13e−8 −1.27e−14 −1.19e−2 0 1.02e−2

Sat2 2.44e−5 1.84e−8 −7.15e−3 3.99e−3 0 −3.41e−3

Sat3 2.42e−5 −1.88e−4 3.57e−3 3.99e−3 0 −3.42e−3

Sat4 2.46e−5 1.88e−4 3.57e−3 3.99e−3 0 −3.41e−3

Figure 6: Qfactor evolution over a period of 10 orbits

On the left side of Figure 6 it is possible to see how the quality factor evolves

in time through the 10 orbits, whilst, on the right side of the same figure, the

evolution of the quality factor in the ROI is shown in function of the number

of orbits along its true anomaly. It is noticeable how from orbit n◦8 the quality

factor in the ROI no longer meets both the minimum and maximum tolerances

on its value, hence two possible approaches arise: one consists in controlling

the satellite every time that the formation leaves the ROI therefore performing

maintenance manoeuvres; a second approach is to actively manoeuvre the satel-

lites only when the conditions on the formation are no longer admissible. The

latter approach is the one analyzed in this paper, as an example of reconfigura-

tion manoeuvre, having considered as initial conditions the ones obtained from

the preliminary analysis corresponding to the satellites’ position and velocity
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after the 8th orbit.

5.2. Reconfiguration manoeuvre over one orbit

The initial conditions of the four satellites at the beginning of the reconfigu-

ration manoeuvre (i.e. ν0 = 200◦) were deducted by the analysis carried out in

the previous section, and they correspond to a degraded tetrahedral formation

with a quality factor of Q = 0.7805. Many numerical simulations have been

conducted by modifying several parameters, not only the software settings but

also the orbit orientation with respect to the Sun together with the satellites’

characteristics.

The first simulations were carried out considering as initial date and time

January 2000 at 00:00:00 UTC. All the results that were obtained even by

considering different PSO parameters settings, presented the same outcome:

the reconfiguration manoeuvres did not satisfy the minimum requirements on

the quality factor in the ROI. After excluding a bad setting on the algorithm

parameters for the undesired outcome, the next step consisted in changing the

orbit orientation with respect to the Sun, as the SRP is the perturbation mostly

exploited for the passive manoeuvres. These simulations were achieved by either

changing only the date of manoeuvre, maintaining all the other parameters and

orbital characteristics the same, or by considering different values for the orbit’s

right ascension of the ascending node (RAAN), keeping the other parameters

equal to the original settings.

Four different dates of execution of the manoeuvres were considered, chosen

with a gap of three months apart. From the numerical simulations it resulted

that only in two of these periods the reconfiguration manoeuvre is able to meet

the formation requirements in the ROI. These results are represented in Fig.

7, where the trend of the Q factor in the ROI is shown for all the four dates

considered, and in Table 6 where the minimum and maximum values of the Q

factor evaluated in the ROI are reported.

From the results it appears that the Sun’s position with respect to the orbit,

and therefore of the satellite, influences the manoeuvre outcome, resulting in
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Figure 7: Comparison of the Qfactor in the ROI in different time periods after one orbit

Table 6: Min and max value of the Qfactor evaluated in the ROI in the four reference dates

Parameter 01/01/2000 01/04/2000 01/07/2000 01/10/2000

minQ(tROI) 0.8609 0.9081 0.8807 0.9198

maxQ(tROI) 1.1307 1.0917 1.1276 1.0925

what it seems as an environmental limit to the manoeuvre, for the case here pre-

sented. From the reported values, the manoeuvres that satisfy the configuration

requirements are the ones achieved in April and October, which corresponds to

the case when the line of nodes is aligned or almost aligned with the Earth-Sun

direction. Such results are also consistent with the results obtained from the

simulations carried out considering the same initial date, but a RAAN of 90◦

and 270◦ instead of the original RAAN of 0◦. The explanation for such an

outcome is given by the fact that even though the satellites are controlled on

three-axes, which means that they can be oriented with respect to the Sun in

the best way possible along all three directions in order to exploit the SRP, the

intensity of the force obtained is not enough to accomplish the necessary manou-

vre. This hypothesis is also backed up by the fact that by simply increasing the
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solar panels’ surfaces, even in the orbit’s worst orientation case, the formation

is able to reconfigure in order to satisfy the conditions in the ROI.

Figure 8: Qfactor in the ROI for different Area/Mass ratios at 01/01/2000

For example, by increasing the dimension of the solar panel of 1.5 m in the yB

direction, i.e. considering a 15 m2 panel instead of a 12 m2, the maximum Area

to Mass ratio of the satellite increases from the value of 0.1529 m2

kg to the value

of 0.1684 m2

kg . Under such conditions, the manoeuvre proves to be successful in

fulfilling the configuration requirements, as it is shown in Figure 8, where the

trend of the Q factor in the ROI obtained with the new satellite’s characteristics

is compared to the one obtained with the original satellite model. To investigate

in a preliminary way the dependence of achieving a successful manoeuvre from

the satellite’s characteristics, an estimate of the lower bound in terms of Area

to Mass ratio has been evaluated. The same epoch as the one of a successful

manoeuvre is considered. The simulation was carried on by testing four lower

values of the Area to Mass ratio.

In Figure 9 it is possible to see the trend of the Q factor in the ROI for

the four different cases. As it is possible to see, only one of the four values of

the Area to Mass ratio (A/M = 0.1444 represented by the gray continuous line)
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Figure 9: Qfactor in the ROI for different Area/Mass ratios at 01/04/2000

permits to satisfy the requirements on the Q factor in the ROI.

In order to demonstrate the feasibility of the proposed manoeuvring strategy,

only the results of one of the successful manoeuvres are presented, specifically

the results referred to the simulations executed considering 01 April 2000 as

initial date at 00:00:00 UTC and the original setting on the satellite model (i.e.

Area to Mass ratio of 0.1529 m2

kg ).

The attitude history that guarantees the successful outcome of the reconfig-

uration manoeuvres is shown in Figure 10, whereas in Figure 11 the trends of

the normalized external torques required to optimally orient the satellites are

shown. It is noticeable how the values of the required torques go to zero during

the time corresponding to the middle arc, coherently with the choice of keeping

a fixed attitude in this portion of orbit.

An idea of the entity of the achieved manoeuvre is appreciable in Figure

12: the relative trajectories of the four satellites are represented in the LVLH

reference frame. The trajectories obtained by a successful manoeuvre are rep-

resented by the grey continuous line, which are compared to the trajectories

obtained without considering an optimal attitude reorientation for reconfigura-
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tion manoeuvres, but by keeping the attitude fixed to an Earth-pointing ori-

entation represented by the dashed black line. The starting and ending points

are depicted so as to have an idea on the formations’ changes after one orbit

of manoeuvre. These observations are more evident in the projections of these

trajectories; as an example the projection of the relative trajectory of Satellite

2 is reported in Figure 13.
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Figure 13: Relative Trajectory Projections in the LVLH reference frame

The specific forces due to drag and SRP acting on the four satellites are

reported in Figures 14 and 15. The intensity of these specific forces is quite

small: absolute drag is of the order of 10−9 km/s
2

when effective in its brief

period (in fact the drag evolution illustrated refers only to the period of the

affected part of the orbit); the specific force due to SRP is approximately of the
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Figure 15: Solar radiation perturbation history

same order of magnitude, although it is exploited for almost all of the portion

of orbit where the optimal attitude reorientation problem is studied. It is also

noticeable that in correspondence with the same part of orbit, the specific SRP

force goes to zero for all four satellites, which is caused by the fact that the

satellites enter the Earth’s shadow, since the line of nodes is almost aligned

with the Sun-Earth direction.
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5.3. Reconfiguration manoeuvre over two orbits

The perturbing forces can provide the satellites with small input forces, as

shown in the results of the simulations presented in the previous section. Thus,

it is not possible to achieve great manoeuvres unless a greater manoeuvring

time is considered, or greater exposed areas are taken into account ( increase in

the A/m values). In fact, by considering an even more degraded initial forma-

tion (Q = 0.7446), which requires a greater manoeuvring effort, by conducting

the simulations with the best orbit orientation, the results proved to be unsat-

isfactory. Preliminary results obtained by increasing the Area to Mass ratio

were discussed in the previous section, therefore here the results obtained by

increasing the manoeuvring time to a period equivalent to 24 hours (two times

the orbital period) are presented. As expected, by extending the time in which

the perturbing forces are exploited an improvement in the Q factor values is

obtained, as shown in Figure 16.

Figure 16: Comparison of the Qfactor in the ROI in different time periods after two orbits

In Table 7 the minimum and maximum values of the Q factor in the ROI

obtained with an extended manoevring time are reported. Even in the cases

in which the manoeuvre was not successful in Sec. 5.2, a greater manoeuvring

33



time allows to satisfy the requirements on the Q factor values in the ROI.

Table 7: Min and max value of the Qfactor evaluated in the ROI in the four reference dates

Parameter 01/01/2000 01/04/2000 01/07/2000 01/10/2000

minQ(tROI) 0.9336 0.9511 0.9313 0.9314

maxQ(tROI) 1.0694 1.0543 1.0692 1.0786

In Figure 17 the evolution of the Q factor is shown over the number of orbits

in which the manoeuvre is achieved, with reference to the case of execution of

the manoeuvre set to 01/01/2000.
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Figure 17: Quality Factor trend over a period of two orbits: 01/01/2000 case

It has been demonstrated that passive reconfiguration manoeuvres are achiev-

able by adequately changing the satellites’ attitudes under certain conditions.

Limitations of such manoeuvres seemed to depend mainly on two factors, which

are the orbit’s orientation with respect to the Sun and the Area/Mass ratio,

related to the geometrical and physical properties of the satellite’s model, both

of which can be overcome by increasing the time of the manoeuvres’ execution.
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6. Conclusion

The results presented in this paper are a consequence of a future mission con-

cept study. The proposed approach for the planning of attitude reorientation

maneouvres in order to achieve the reconfiguration of satellites in formation

flying, follows the work of previously published papers (Spiller et al., 2017b)

(Spiller et al., 2018). Therefore, the results obtained by the present study add

new information to the feasibility of the proposed propellant-less strategy, by

extending it to the case of a HEO. From the results obtained by the several

simulations that have been carried out, it has been possible to highlight the pos-

sibilities and limitations concerning the proposed manoeuvring strategy, used

to reconfigure a degraded tetrahedral formation into a regular one. The most

important result was the successful outcome of the reconfiguration manoeu-

vre, meaning that the proposed strategy has proved to be possible in order to

achieve a formation satisfying the imposed requirements. However, the feasibil-

ity of these manoeuvres has not always proven to be satisfactory, but it is limited

by the orbit orientation with respect to the Sun and by the satellites’ physical

and geometrical characteristics. From the cases analyzed it resulted that the

manoeuvre is favoured when the line of nodes is aligned or almost aligned with

the Earth-Sun direction, whereas the worst condition is when the line of nodes

is rotated of approximately 90◦ with respect to the Earth-Sun direction. As

obviously expected, by increasing the Area to Mass ratio of the satellites, the

manoeuvre resulted in being successful even in the worst orbit condition. It is

most certain that the type of satellites considered influences the capability of

achieving the desired manoeuvre. A rough estimation showed that the model

considered for the simulations is quite close to the minimum area to mass ratio

that makes it possible to satisfy the formation requirements. The initial tests

that have been carried out in this study, considered a fixed manoeuvring time

equivalent to one orbital period, therefore the differential accelerations were ex-

ploited only for a limited time, keeping in mind the fact that the perturbing

forces are quite small in magnitude, thus providing limited manoeuvring capa-
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bilities. By extending the manoeuvring time, for example to a time equivalent to

two times the orbital period, an improvement on the formation’s desired quality

factor was registered, for both the worst and of course the best orbit orientation

with respect to the Sun.

Propellant-less manoeuvring strategies such as the one proposed here, are not

investigated for formation reconfiguration manoeuvres as much as their use for

station keeping or rendez vous manoeuvres. The results obtained for this paper

are just a contribution and an insight into what could be achieved by adopting

the proposed perturbation-based reconfiguration manoeuvring approach in the

field of formation flying. Being able to exploit resources that already affect the

satellites in orbit, could represent a great advantage for future missions, making

it a subject worthy of further studies.
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