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ARTICLE INFO ABSTRACT
Keywords: This study aims to determine the optimal design and ascent trajectory for a single-stage hybrid rocket in the
Hybrid rocket engines context of a lunar ascent mission, with the objective of reaching a 100 km circular orbit on the Moon equatorial

Multi-disciplinary optimization
Lunar ascent
Space propulsion

plane. A multi-disciplinary optimization problem is formulated, integrating flight design variables and launch
vehicle design variables to achieve the best mission scenario. A zero-dimensional internal ballistics model is
employed to estimate key parameters such as thrust, mass flow rate, and gross mass of the hybrid rocket,
while a three-degree of freedom dynamical model is utilized to simulate the ascent trajectory. The resulting
integrated optimization problem is solved using an in-house heuristic algorithm that combines particle swarm
and genetic algorithms. Two propellant combinations, liquid oxygen/paraffin-wax and hydrogen peroxide
(90%)/high-density polyethylene, are evaluated, considering both their performance in the integrated system
and the feasibility of the proposed mission. After conducting a sensitivity analysis to investigate the influence
of particle count in the optimization process, results for both propellant combinations are presented. While
paraffin and oxygen provide the highest payload ratio, hydrogen peroxide and polyethylene entail a more
feasible and flexible design for a lunar mission.

1. Introduction efforts are presently engaged towards the development of the lunar
orbital platform gateway (LOP-G) [10]. The LOP-G will not only fa-
A hybrid rocket motor (HRM) employs a combination of a liquid or cilitate deep space missions but also validate technologies for lunar
gaseous oxidizer and a solid fuel as propellants. Usually, the combus- surface missions and pave the way for future Mars missions [9]. Thus,
tion chamber houses a solid fuel grain, while the oxidizer is injected for efficient transfers between the surface of the moon and the LOP-
through a feed system. Compared to liquid rocket engines, hybrid G, the development of optimized propulsion systems is of paramount
rockets offer a higher volumetric specific impulse, while maintaining importance, and hybrid rockets emerge as promising candidates for this
lower complexity and costs due to the presence of a single feeding purpose [9].
system. With respect to solid rocket motors, they provide a higher When optimizing hybrid rockets, it is essential to consider the
specific impulse and the flexibility of throttling and restart capabilities. interplay between the unique combustion physics of hybrid rockets,
Furthermore, hybrid rockets employ environmentally friendly, non- characterized by mixture ratio shifts, and the generation of an adequate
toxic propellants, and the separation of oxidizer and fuel increases the thrust, which is significantly influenced by the motor design and can
safety of the propulsion system. Due to these advantages, there is a impact the ascent trajectory. Therefore, an integrated optimization
growing interest in utilizing HRMs for specific propulsion applications, approach is required to maximize the overall performance of the launch
such as main engines for suborbital vehicles [1,2], or as upper stages vehicle (LV). In line with this approach, previous studies such as [4,11—

in multi-stage rockets [3,4]. The typical layout of a HRM is depicted in 15] have focused on the design optimization of a hybrid upper stage
Fig. 1.

Additionally, hybrid rockets have gained significant interest for
extraterrestrial missions, especially in the context of outer planet ex-
ploration [5-7] and lunar applications [8,9]. In particular, significant

for a VEGA-based launcher. In [1,16], the optimization of a single-
stage hybrid rocket-powered vehicle for suborbital flight is explored.
Ref. [17] presents a robust design optimization for a three-stage hybrid
rocket launcher. Lastly, in [18], the optimization of a single-stage
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Area (m?)

Pre-exponential factor (mm/s (m?s/kg)")
Axial acceleration (m/s)
Catalyst capacity (kg/(m>s))
Thrust coefficient (-)
Characteristic velocity (m/s)
Diameter (m)

Thrust (N)

Gravitational acceleration vector (m/ s2)
Earth gravitational acceleration (m/s%)
Altitude (m)

Specific impulse (s)
Volumetric specific impulse (s (kg/m?))
Structural coefficient (=)
Length (m)

Mass (kg)

Mass flow rate (kg/s)

Mass flux coefficient (-)
Mixture ratio (=)

Pressure (bar)

Gas constant (J/(kg K))
Vehicle position vector (m)
Fuel regression rate (mm/s)
Lateral surface (m?)

Erosion rate (mm/s)

Time (s)

Burning Time (s)
Temperature (K)

Volume (m?)

Vehicle velocity (m/s)
Vehicle velocity vector (m/s)
Payload ratio (-)

Specific heat ratio (-)
Thickness (m)

Efficiency —

Nozzle area ratio (-)

Density (kg/m?)

Elevation (rad)

Azimuth (rad)

Material yield strength (MPa)
BLT curvature (-)

Initial design parameter value
Air

Ancillaries
Catalytic bed
Bi-linear tangent
Chamber
Coasting
Contingencies
Exit

Final value
Feeding system
Fuel

Grain
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gas Pressurant gas

h Head

i Initial value

ins Thermal insulation

LO Lift-off

max Maximum

noz Nozzle

orb Orbital injection

0X Oxidizer

p Port

PO Pitch-over

prop Propellant

ref Reference

S Structure

sh Shrouds

t Throat

tk Tank

u Payload

vac Vacuum

R Radial-transverse-normal reference frame
T Topocentric reference frame
Acronyms

BLT Bi-Linear Tangent

GA Genetic Algorithm

HDPE High-Density PolyEthylene
HHA Hybrid Heuristic Algorithm
HRM Hybrid Rocket Motor

LLO Low Lunar Orbit

LOP-G Lunar Orbital Platform-Gateway
LOX Liquid Oxygen

LRE Liquid Rocket Engine

PSO Particle Swarm Optimization
SRM Solid Rocket Motor

LV Launch Vehicle

PO Pitch-Over

Regulation Oxidizer tank Nozzle

system/—\

Fuel grain

Pre/Post-chamber

Fig. 1. Typical hybrid rocket layout.

LOX/Wax hybrid rocket with swirl injection for a lunar ascent mission

is presented.

This paper presents a comprehensive analysis of a multi-disciplinary
optimization problem for a lunar ascent mission to a 100 km circular
orbit. This altitude, representing the upper limit for low lunar orbits
(LLO), has been selected due to the significance of LLOs in lunar
exploration. Additionally, LLOs can serve as intermediate orbits for
transfers to the Lunar Gateway. The analysis employs a single-stage
hybrid rocket to demonstrate the viability of this propulsion system.

The study focuses on evaluating two propellant combinations: lig-
uid oxygen (LOX)/paraffin-wax (C3,Hgg) and 90% hydrogen perox-
ide (H,0,)/high-density polyethylene (HDPE). The trade-off between
these propellant combinations considers various factors, including their
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performance, the impact of mixture ratio shifts, effects on structural
efficiency, and feasibility within the proposed mission scenario. Despite
having a relatively low regression rate due to its pyrolizing nature,
the use of HDPE is feasible in the current application due to the low
thrust requirements resulting from the Moon small gravitational pull.
The evaluation provides valuable insights into the selection of optimal
propellant combinations for achieving the desired mission objectives.

This work is organized as follows. Section 2 presents the internal
ballistics model used to evaluate the HRM propulsive performance
2.1 and structural mass 2.2, followed by a comprehensive overview
of the two propellant combinations examined in this study 2.3. The
mathematical model of the ascent trajectory is discussed in Section 3,
pointing out the considered launch vehicle dynamics 3.1, the flight
strategy 3.2, the constraints 3.3, and all flight parameters considered
as design variables 3.4. Section 4 presents the in-house algorithm used
to solve the integrated optimization problem analyzed in this paper
4.1, followed by a detailed description of the cost function used 4.2.
Numerical results of the multi-disciplinary optimization are presented
in Section 5.

2. Hybrid rocket model

This section presents the modeling of the HRM internal ballistics
(hereinafter referred to as “HRM model”) that will be coupled to the
flight dynamics in the multi-disciplinary optimization problem. The
internal ballistics computations are first presented, followed by the
estimation of the structural mass, and by a general evaluation of the
propellants considered.

2.1. Internal ballistics

A zero-dimensional quasi-steady approach is employed [19], with
properties of the gases inside the combustion chamber assumed uni-
form in space. This allows the reduction of the computational effort
required to compute the performance parameters necessary to the flight
dynamics model, namely thrust and mass flow rate over time, and gross
mass. Efficient computations are crucial in optimization loops, as it is
required to run HRM calculations a large number of times.

In the present work, LOX/Wax and H,0,(90%)/HDPE are evaluated
as the propellant combinations. The fuel is stored in the combustion
chamber as a single-port cylindrical solid grain, while the oxidizer is
stored in a tank as a liquid. Since the thrust-to-weight ratio required for
a lunar ascent mission is relatively low, there is no need for complex
grain geometries such as the multi-perforated grain [20].

The fuel grain shape is uniquely defined by its external diameter,
D, initial port diameter, D, (the subscript “0” refers to values at the
start of the HRM burn), and length, L,, where Dy, and L, are inputs
of the HRM model, while D, is an output. Following [21], a simple
relation between the head-end pressure and chamber pressure is used
to account for total pressure losses along the grain:

o= p(1+0.5%J%) ¢
74+l
1
where I' = \|y %) ’ , v is the combustion products specific heat
Y

ratio, and J = A /A, is the ratio of throat area over port area. To
guarantee limited pressure losses and greater legitimacy of a 0-D model,
the value of the throat-to-port area ratio, J, at ignition is constrained
to be lower than 0.5, which results in a low Mach number in the
combustion chamber (at least < 0.3).

The oxidizer is injected with a pressure-fed regulated system into
the combustion chamber. Hence, with this feeding system, the oxidizer
mass flow rate is not constant with time and depends on the difference
between the tank and head pressure. Following [3], assuming turbulent
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and incompressible flow, the oxidizer mass flow rate can be computed
with:

Pk — P
z
where Z is the hydraulic resistance in the oxidizer flow path, set
according to the value of the oxidizer mass flow rate at ignition, ri ¢,
which is an input of the model. The tank pressure, kept constant using
an evaporated propellant regulation system, is assumed to be p
2.5py for LOX and py = 3.5p, for H,0,. Since the hybrid rocket
analyzed in this work must operate on the Moon where there is no at-
mosphere, a pressure-fed system seems an appropriate choice to reduce

complexity and costs without significantly affecting performance.

The injection of the oxidizer in the combustion chamber is assumed
to occur with a non-zero tangential component of velocity (i.e., swirl
injection). This approach leads to an enhancement of convective heat
exchange and regression rates [22-24]. Swirl injection has been shown
to improve the nominal regression rate of paraffin-based hybrid rockets
by up to 2.4 times compared to axial injection. Furthermore, the
introduction of a tangential component enhances propellant mixing
even in the absence of a post-chamber, enabling combustion efficiency
values of up to 99% [25]. Lastly, experimental evidence presented
in [22] has confirmed that the use of a pre-chamber does not provide
any benefits for swirl injection, contributing instead to a loss of flow
momentum. Consequently, by reducing the required chamber length,
a more compact design can be achieved, effectively addressing one of
the primary challenges associated with hybrid rocket propulsion, which
can be characterized by high length-to-diameter ratios [15].

The fuel regression rate is assumed uniform along the grain port,
neglecting the contributions of the lateral ends. Its value is assumed to
be dependent only on the instantaneous oxidizer mass flux:

ox (2)

m,

3)

where 7 is expressed in mm/s, the oxidizer mass flux, G, = 7t /A,
in kg/(m?s), and n is the mass flux coefficient, equal to 0.62 for
LOX/Wax [26] and 0.5 for H,0,(90%)/HDPE [25,27-30]. The en-
hancement in regression rate resulting from the use of swirl injection
is considered. However, for the current application, there is a lack
of established literature data for a suitable correlation between the
pre-exponential factor, a, and the geometric swirl number, which is
characteristic of the motor design. Consequently, assuming that the
swirl number can be tailored to meet the required regression rate,
the value of a (which is an input parameter) can be optimized within
the range of 0.13 — 0.3 mm/s - (m?s/kg)" for LOX/Wax [22,26], and
0.016—0.09 mm/s - (m?s/kg)" for H,0,(90%)/HDPE [25]. The fuel mass
flow rate coming from the grain can therefore be evaluated as:

P n
i=aGJ,

4

e, = pfur'nger

Once the oxidizer and fuel mass flow rates are known, the mixture
ratio, O/F = r, /i, and total mass flow rate, rir, = ri, + rirg,, can be
computed. Assuming an isentropic expansion in a choked nozzle, the
chamber pressure is obtained as:
mec*

A

The NASA Chemical Equilibrium with Applications software (CEA
[31]) is used to obtain the data on the propellants’ characteristic
velocity and specific heat ratio. The conservative assumption of frozen
flow expansion in the nozzle is employed to compute the characteristic
velocity. The specific heat ratio is taken at the combustion chamber
condition. Data are interpolated with a shape-preserving piecewise
cubic function for both chamber pressure and oxidizer-to-fuel ratio:

¢* = ety (Pe- O/F)

Y = YCEA (pc’ O/F)

pe = ()

(6)
)
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Losses in the nozzle expansion, mixing, and combustion are taken into
account assuming a 98% nozzle efficiency, n¢, = 0.98, and c* efficiency,
fler = 0.98.

The thrust coefficient, Cf, is computed assuming a 1-D isentropic
expansion to the exit pressure, p,, with a constant specific heat ratio,
y, in a vacuum environment:

=1
1- <&> ’ +E&
P

P

2y

— ®

CF=’7CF r

F = c*Cp

)]

where ¢ is the nozzle area ratio. Since the hybrid rocket operates on
the Moon, ambient pressure effects on thrust are neglected. The nozzle
geometry is identified by the throat diameter, D, , and area ratio, &,
at ignition, both inputs of the HRM model.

Nozzle throat erosion is taken into account according to [32]:

. 0.2
. So 0.025 [ —5 5—1.991
- 292 6.4392 x 10751991,
y (0.0001)( D, )
-exp

—3.1082 0.0535®2—0.26410+1.0365
(—¢ + 1.84) 2 + ]

(10)

O/F . L. . s
where @ = L, the subscript “st” refers to stoichiometric conditions,

and 5 is the reference erosion rate of the propellant combination, equal
to 0.1 and 0.07 mm/s for LOX/Wax and H,0,(90%)/HDPE, respec-
tively, according to [33]. Notice that the erosion rate (here expressed
in mm/s and with p,. in bar) depends on chamber pressure and mixture
ratio, accounting for both the intensity of the throat heat flux and for
the oxidizing species concentration in the exhaust gases [32,34].

Port and throat radii are updated in time according to the modeled
regression and erosion rates. Iterations stop once a target burning time,
t,, which is an input of the model, has been reached. The grain external
diameter, D, (coincident with the case inner diameter), is computed as
the value required to host the fuel used during the burn plus residual
contingencies equal to 3% (accounting for fuel sliver). In order to
design a compact rocket, the nozzle exit diameter, D, = D, /%, is
enforced to be lower or equal than the case diameter, D.. Please note
that the nozzle exit diameter, D,, is considered reasonably unaffected
by the erosion process.

A thorough validation of the presented internal ballistics model can
be found in [19].

2.2. Structural mass estimation

The structural mass of the different subsystems is taken into account
according to [35,36]. In particular, the combustion chamber mass can
be computed by summing the mass of the cylindrical case with the mass
of a 2.5 cm - thick injector plate:

D.\?
m, = 0.025p. 7 <7°> + p.wD L6, an
where p. is the combustion chamber and injector plate material density,
L. is the combustion chamber length, and §_ its thickness, computed

using Mariotte’s formula for pressurized cylinders with a 1.5 safety
factor:

ph,max Dc

6, =15
¢ 20,

(12)
Cc

where ¢, is the maximum yield strength of the case material and
Phomax 1S the maximum head pressure over the HRM burn. In this work,
the combustion chamber is assumed to be made of 7050 aluminum
alloy, while the oxidizer tank of carbon fiber composite with an epoxy
resin matrix (see Table 1). The length of the combustion chamber is
assumed equal to the grain length L, = L, since, according to [22,25],
pre- and post-chamber are not necessarily required in a swirl-injected
configuration.
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The oxidizer tank is assumed to have a cylindrical shape with two
ellipsoidal domes, and a 5% initial volume ullage is reserved for the
pressurizing gas. Tank thickness can be computed with Eq. (12), as
performed for the combustion chamber. The total oxidizer mass stored
in the tank is computed by integrating the oxidizer mass flow rate over
time plus 3% contingencies:

Ty
mg, = 1.03 / oy (1) di (13)
0
When utilizing liquid oxygen, it is crucial to consider tank insulation.
Specifically, the empirical formula provided in [37] has been employed
to estimate the required mass for insulating the oxidizer tank:

my,s = 1.123.5) 14)

where S is the lateral surface to be insulated, expressed in m?. The
mass related to covering exposed sections of the rocket has been taken
into account according to the following empirical formula [37]:

mg, = 4.958%15 (15)

where S, (in m?, subscript “sh” for shrouds) is the lateral surface
to be covered. Shrouded sections of the rocket include the ellipsoidal
domes of the tank. As the rocket must operate on the Moon, the
presence of a heat shield for the payload has not been considered.
Following [35], the nozzle mass is estimated using an empirical
model for phenolic nozzles, where the mass is proportional to the initial
expansion ratio, ¢, and the total propellant exhausted, Mpyop (0 kg), by
Mprop €0

using:
2/3 1/4
( 5400 ) (E)

The nozzle is assumed to be made of a conical convergent section
with a 45 degrees half-angle, plus a bell-shaped divergent section. Its
total length can be estimated as follows:
L _ Dc_Dt,O + De_DtA,O

1% 2tan(x/4)  2tan(x/12)
where the divergent bell length is assumed 80% that of a conical
divergent with a 15 degrees half-angle.

When using hydrogen peroxide, a catalytic bed is necessary to
ensure its decomposition into oxygen and water vapor. The use of
a catalytic bed eliminates the need for an igniter, as products of
decomposition of hydrogen peroxide show hypergolic properties with
many fuels, making it particularly suitable for restartable systems.
However, it is important to consider the weight of the catalytic bed
as it contributes to the overall mass budget of the HRM.

According to [38], experimental evidence has shown that for a
specific class of catalytic beds (characterized primarily by feed pressure
and mass flow rate), the catalyst capacity, Ci.4, can be considered
constant. This quantity, which represents the decomposable propellant
per unit of volume of the catalyst, can be written as follows:

m

my,, = 125

noz

(16)

a7

0X

18)

Cbed Vb o

where V.4 is the required volume of the catalyst to achieve full
decomposition of r,. For the current application, due to the extremely
similar operating conditions with respect to the configuration presented
in [39], a reference conservative value of catalyst capacity C.q = 245
kg/(m3s) has been considered. To ensure sufficient residence time for
complete decomposition, the length of the HRM catalyst is assumed
to be equal to L,y = 0.1m,, [39], while its thickness, 6.4, can be
computed according to Eq. (12) considering a maximum pressure equal
to the tank pressure, p,. Therefore, the catalyst bed mass, my.4, can be
easily computed as:

T 2 2
Mped = Poed Loed 7 [(Dbed +6bed)” — Dpeg 19

The catalyst bed is assumed to be made of INCONEL 718. Density and
maximum yield strength of the materials for the combustion chamber,
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Table 1
Density, p and maximum yield strength, o, of the combustion chamber, oxidizer tank, and catalyst bed materials.
Subsystem p c Material
[kg/m3] [MPa]
Combustion chamber 2800 300 Aluminum Alloy 7050 [40]
Oxidizer tank 1600 600 Carbon fiber composite with epoxy resin [41]
Catalyst bed 8190 900 INCONEL 718 [42]

T

Dp,O

Mox,0

D (ty) | Deo | De (o)

L

g

Fig. 2. Hybrid rocket design parameters.

oxidizer tank, and catalyst bed are listed in Table 1. Given the limited
availability of simple relationships in literature, the pressure drop
across the catalyst is accounted for by increasing the pressure in the
tank from py = 2.5p, for LOX to py = 3.5p;, for H,0,.

Regulated tank pressurization is achieved using evaporated propel-
lant. In the case of liquid oxygen, part of the liquid oxidizer passes
through a heater and is reinserted into the tank in order to keep its
pressure constant. On the other hand, in the case of H,0,, decomposed
gases are spilled from the catalytic bed and used for the same pur-
pose. The pressurizing gases are thermally insulated from the liquid
oxidizer through a diaphragm. The total oxidizer mass necessary for
tank pressurization can be estimated using the ideal gases equation of
state:

Pk Vox

my.. =
gas R. T
gas” tk

(20)

where R, is the pressurizing gas constant (about 260 J/(kg - K) for
gaseous oxygen and 124 J/(kg - K) for decomposed hydrogen peroxide),
V, is the oxidizer volume to pressurize, and T}, is the ullage temper-
ature (200 K for gaseous oxygen and 650 K for decomposed hydrogen
peroxide). It must be underlined that the extra tank mass necessary to
host the oxidizer used as pressurizing gas is taken into account.

Lastly, mass and length of ancillaries structures (such as piping) is
assumed to be 10% of the total mass and length of the HRM [36]. To
summarize, a set of 7 input parameters (referred to as xyy;) uniquely
defines a hybrid rocket design and operating condition for which, using
the HRM model, the performance metrics, mass budget, and dimensions
can be computed:

xprM = [Lgs Dp,0 Di o5 €05 fitox 0 s 1] (2D

A schematic description of the hybrid rocket design is shown in Fig. 2.

2.3. Propellant combinations

Two propellant combinations have been considered for the dis-
cussed mission, namely LOX/Wax, to prioritize performance, and
H,0,(90%)/HDPE, to prioritize mission feasibility. In order to make a
proper choice, multiple factors have to be considered, such as their the-
oretical performance, the effects of mixture ratio variations, structural
efficiency, and compatibility with the proposed mission.

In terms of performance, liquid oxygen exhibits a higher peak vac-
uum specific impulse, as expected. Specifically, at a chamber pressure
of 5 bar and a reference expansion ratio equal to 30, values that are
close to what will be obtained as a result of the optimization process,
oxygen achieves a peak specific impulse of 329 s (+2.8%) compared
to the 320 s offered by hydrogen peroxide, as depicted in Fig. 3(a).
The vacuum specific impulse has been computed analytically as I, =

497
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5280

260}
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5
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(a) Specific impulse.

6 7 8

x10°

—LOX/Wax ‘
—H,0,(90%)/HDPE,

4.5

3.5

L [s - (kg/mﬁ)]

O/F

(b) Volumetric specific impulse.

Fig. 3. Comparison between LOX/Wax and H,0,(90%)/HDPE theoretical performance
metrics.

c*Cr /8y, with ¢* and y computed using the CEA software as per Egs. (6)
and (7), and Cp computed with Eq. (8), as in Section 2. It must be
underlined that the computed I, is the theoretical one, assuming both
fic, and 7.+ equal to 1. Note that the optimal mixture ratio ensuring
maximum theoretical performance is lower than what one might expect
due to the conservative assumption of frozen flow from the combustion
chamber and due to the small chamber pressure of 5 bar used for the
computations.

In hybrid rockets, the mixture ratio is affected by the time evolution
of the port diameter and of the oxidizer mass flow rate. In fact,
rearranging Eqgs. (3) and (4) yields:

O/F o i) " D"~ (22)

In the case of LOX (mass flux coefficient n > 0.5) the mixture ratio
is expected to increase during operations at constant r,, due to the
regression of the fuel grain. Conversely, with n 0.5, the choice
of hydrogen peroxide eliminates the dependency of the mixture ratio
on the port diameter. Hence, O/F can be kept around the optimal
value, maximizing I,. Although the oxidizer mass flow rate still has an
influence on O/F, its impact is less significant given its slower variation
compared to D,,.

Therefore, when choosing LOX, it is expected that operating within
the relatively narrow band of O/F yielding maximum specific impulse
(Fig. 3(a)) cannot be satisfied throughout the whole HRM burn. On the
other hand, hydrogen peroxide provides a flatter curve and is hence
more robust to O/F shifts.
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Table 2
Oxidizer, p,,, and fuel, p;,, densities for LOX/Wax and H,0,(90%)/HDPE.
Pox Pru
[kg/m’] [kg/m’]
LOX/Wax 1140 900
H,0,(90%)/HDPE 1400 970

Another metric that is useful to take into account is the volumetric
specific impulse (Fig. 3(b)), defined as the product between the specific
impulse and the average propellant density:

p()xO/F + Py
O/F+1

It is evident that the H,0,(90%)/HDPE propellant combination has
the highest volumetric specific impulse due to the significantly higher
average density and optimal mixture ratio, compared to LOX/Wax. This
leads to improved structural efficiency, as the propellants require less
storage space. Indeed, the higher densities of hydrogen peroxide and
HDPE compared to both LOX and paraffin-wax, lead to the design of
more volumetrically efficient combustion chamber and oxidizer tank.
Oxidizer and fuel densities for each propellant combination are listed
in Table 2.

When considering hydrogen peroxide, it has to be taken into ac-
count its easier storability compared to a cryogenic propellant such
as LOX. Moreover, the hypergolic properties of decomposed hydrogen
peroxide with HDPE simplify motor reignition. Regarding the fuel
choice, HDPE offers better mechanical properties with respect to pure
paraffin-wax, ensuring grain integrity during engine operations. Lastly,
from a numerical point of view, having HDPE as fuel is also important
to test the adaptability of the optimizer, given its substantial difference
in regression rate with respect to paraffin. Such variation allows us to
test the optimizer across a wide spectrum of ballistic parameters.

I (23)

vol = Lsp

3. Flight trajectory model

This section provides an overview of the ascent trajectory model
used to assess the flight performance of the single-stage lunar ascent ve-
hicle under analysis. The equations of motion are introduced, followed
by the adopted flight strategy. Mission constraints are briefly discussed
before formulating the integrated optimization problem.

3.1. Dynamical model

The launch vehicle (LV) trajectory analysis is conducted using a
three-dimensional three-degrees of freedom (3-DoF) point-mass model.
Since there is no atmosphere on the Moon, the degrees of freedom
related to the orientation of the rocket can be disregarded. Under this
hypothesis, the LV is assumed aligned with the velocity vector. The
state of the rocket at any given time can be described by its position
vector, r, velocity vector, v, and mass, m. The equations of motion in
an inertial reference frame can be expressed as follows:

F=v 24)

p=g+ L (25)
m

= i1, (26)

Atmospheric drag is neglected, and the gravitational acceleration vector
is represented assuming a spherical model for the Moon:

g=-Lr 27)

3
where 4 is the Moon gravitational constant. The absolute value of the
thrust force, F, generated by the LV is the vacuum thrust provided
by the HRM model. Its direction, F, which must be optimized since it
affects the LV trajectory, is instead controlled by thrust vector control
(TVC) actuators.
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In the early stages of the ascent trajectory, it is preferable to use a
topocentric reference frame 7, = (i, ], k) (see Fig. 4(a)), fixed on the
launch base, to express the thrust direction:

F =5in60; i+ cos 05 sinyy j + cos 0 cosyy k (28)

where 6, and y; indicate the thrust elevation and azimuth angles in
this frame.

On the other hand, when enough distance has been put between
the hybrid rocket and the launch base, the use of a radial-transverse-
normal (RTN) local reference frame 7 = (#,1,7) (Fig. 4(b)) is more
appropriate, with the thrust direction that can be expressed as:

F = sin0p # + cos 05 cos yg T+ cos 0 sin yp A (29)

The TVC actuation angle can be computed as the angular difference
between the velocity vector and thrust vector, expressed in the same
reference frame.

3.2. Flight strategy

The ascent trajectory is divided into multiple phases based on
previous lunar ascent studies [43,44]. Each phase is characterized by a
specific control law governing the thrust direction.

The initial phase is a vertical ascent, where the thrust is aligned with
the LV velocity to minimize gravitational losses. The thrust direction is
set to 0, Z . The duration of this lift-off phase, denoted as Lo, 1S
dependent on the stand-off distance between the LV and the launch
base, i o, which is a parameter to be optimized. Subsequently, a pitch-
over maneuver is executed, involving a controlled rotation of the nozzle
to align the LV with the desired orbital plane. The thrust elevation
angle, 0, follows a simple linear decrease, while the azimuth angle,
Wpo, Temains constant:

/2
2

2] —
4 7po

0r(t) == t—t0) (30)
2 Tpo

where fpg is the duration of the pitch-over phase and 6pq is the kick
angle. Once a suitable altitude is reached, the thrust direction can be
optimized without significant impact on gravitational losses. During
this phase, the elevation angle is controlled using a bi-linear tangent
(BLT) guidance approach [45], aiming to place the LV into a Hohmann-
like transfer orbit. The pitch program in this phase can be described as

follows:

0 =arctan <

kf tan (Bblt“-)

K+ (1-k8)z
. (31)
[tan (O ) — K¢ tan (B )| 7
K+ (1-ké) 7
f =ty
r= O oo (32)
Tolt,f — Thlti

where ¢ is a measure of the elevation angle curvature (k¢), f,; and
tp,; are the starting and ending times of the BLT guidance, Oy
and 6y , are the starting and ending elevation angles, and k is an
assigned constant which must be greater than 1 (100 in this analysis).
The azimuth angle, yy,,, is supposed constant during the whole phase.
Finally, following a coasting phase of duration ., a second burn is
executed with a constant thrust elevation angle, 6,4, and azimuth
angle, v, to achieve orbit circularization. It is important to note
that the inclusion of a coasting phase is made possible by the restart
capabilities of hybrid rockets.

To take into account the presence of a second HRM burn, the
parameter i, , is added to the set of inputs xygy in Eq. (21) (which
now includes 8 design variables). A schematic representation of the
flight strategy is provided in Fig. 5.
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Fig. 5. Phases of the optimal control problem.

3.3. Constraints

The launch vehicle initial conditions are influenced by the geo-
graphical location of the launch pad. Specifically, r, represents the
position of the base, while v, ® X ry denotes the initial inertial
velocity, with ® denoting the angular velocity of the Moon rotation.
The initial mass of the LV, m, is determined by the hybrid rocket mass
obtained from the HRM model with specified xy;zy, in addition to the
payload weight, m,, which is fixed to 500kg.

Terminal constraints are utilized to ensure payload injection into
a circular orbit with desired radius and inclination. Specifically, tol-
erances of 5h 50m and v 10m/s are enforced for altitude
deviation 4h [h = hoyjl and velocity deviation Av [0 = Vgpils
respectively. Constraints on the terminal velocity direction are also
applied, including in-plane local angle deviation, 40 = |7 - 0 — 01,
and out-of-plane inertial angle deviation, 4i = | - £ — i,| (where 2
represents the direction of the Moon rotation axis), with tolerances of
50 = 0.8deg and 6i = 0.01 deg, respectively. The right ascension of the
ascending node, however, is not directly enforced, as it can be easily
adjusted to the desired value by carefully selecting the launch time.

To maintain the structural integrity of the launch vehicle and pay-
load throughout the ascent trajectory, the maximum axial acceleration,
. = - F/g,, is limited to 5g and verified a posteriori. Since there
is no atmosphere, other path constraints such as maximum dynamic
pressure, max-Qa, and payload heat-flux exposure can be disregarded.
Lastly, no constraint is enforced on the maximum TVC actuation angle.

a

3.4. Optimization

In order to find out the maximum payload ratio that can be carried
into the desired target orbit, a multi-disciplinary optimization problem
is formulated. For the sake of simplicity, the launch pad is assumed to
be located at a general point on the equator, with the launch performed
in the direction of the Moon rotation.

In addition to the design parameters xypy; that define the single-
stage hybrid rocket, there are other quantities related to flight me-
chanics and thrust direction that need to be optimized. These are
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represented by a separate set of parameters denoted as xggh, Which
govern the trajectory of the launch vehicle. In terms of flight mechanics,
the optimization includes determining the vertical ascent stand-off
distance, h;, the duration of the pitch-over phase, fpg, the coasting
time, 7, and the duration of the first HRM burn, #,. It is worth noting
that the duration of the second burn can be easily calculated as 1,

t, — 1.

The parameters associated with the guidance aspect of the opti-
mization problem are the angles necessary to characterize the thrust
direction of the launch vehicle. These angles include the elevation
angle at the end of the pitch-over phase, 6pg, the elevation angle at
the end of the BLT phase, 6y, 7 along with its curvature, &, and the
elevation angle during the final orbital injection, 6,4, It is important
to note that, given the assumption of an equatorial launch towards an
equatorial target orbit, the azimuth angle remains constant throughout
the trajectory and can be disregarded in the optimization problem, as it
consistently remains at 90 degrees in a topocentric reference frame and
0 degrees in a RTN reference frame. The resulting trajectory is therefore
two-dimensional (2-D).

To summarize, the trajectory of the launch vehicle for a given
hybrid rocket design (described by xyry) is uniquely defined by a set
of 8 parameters:

Xtight = [AL0> Op0- 1p0s Opit, £ €5 115 Teos Oorb ] (33)

The optimization problem involves the simultaneous optimization
of the 8 parameters xzy; (see Eq. (21)) that describe the design of
the hybrid rocket, and the 8 parameters x¢jgy (Eq. (33)) that define
the trajectory. In each iteration of the optimization process, the HRM
model is first used to compute the thrust and mass flow rate over
time for the first burn. The values of the port diameter, Dy, throat
diameter, D,, and expansion ratio, ¢, at time ¢, are then utilized as
inputs for the second burn, which has a duration of #, — ¢, and an
oxidizer mass flow rate of s, ,. The structural mass of the hybrid rocket
is determined for the condition of maximum load. Throttling is assumed
to be achieved by adjusting the tank pressure between the two burns
through the evaporated propellant regulation system. Once the thrust
curve, mass flow rate curve, and gross mass of the hybrid rocket have
been calculated, the trajectory analysis can be performed.

4. Optimization strategy

This section presents the optimization strategy adopted for the
examined multi-disciplinary problem. In particular, the algorithm used
will be presented first, followed by details about the chosen cost
function.

4.1. Algorithm

The multi-disciplinary optimization problem at hand is solved using
an in-house hybrid heuristic algorithm (HHA) called “PSOGA” (Par-
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ticle Swarm Optimization with Genetic Algorithm), which combines
the well-known algorithms particle swarm optimization (PSO) and
genetic algorithm (GA). Heuristic methods are applicable to various
optimization problems as they do not rely on explicit assumptions
about the function or its gradient [46]. These methods are particularly
useful when a more computationally expensive optimization algorithm
is not feasible or when the problem exhibits highly non-linear behavior,
making gradient-based methods inefficient in finding global optima.
Given the characteristics of the lunar ascent mission studied in this
paper, heuristic algorithms are considered suitable for the analysis.

In the literature, numerous examples exist where PSO is integrated
with GA to form hybrid heuristic algorithms [47-49]. This approach
is widely recognized for its effectiveness since PSO accelerates conver-
gence by simulating flying behaviors. However, it has the drawback
of potentially getting trapped in local minima. GA mitigates this issue
by promoting population diversity, thereby achieving more compre-
hensive coverage of the design space. Ref. [48] demonstrates that
HEAs successfully balance global exploitation and local exploration,
outperforming both PSO and GA when tackling complex optimization
problems.

The in-house approach employed in this study utilizes two sep-
arate populations, each initialized randomly and consisting of the
same number of individuals. These populations interact and exchange
information to improve the overall solution quality and to reduce
computational time. Each individual, represented by a unique set of
inputs x = [Xgrwm: Xpiign)> 1S evaluated using a cost function f(x) to
determine its movements within the search domain, aiming to minimize
the objective function.

The first population in the PSOGA algorithm follows a modified
PSO approach, specifically the aging leader variant [50,51], with some
adjustments. Each particle update is determined by three velocity com-
ponents: i) an inertial velocity, v;,, that maintains the particle previous
direction, ii) a cognitive velocity, v,, that pulls the particle towards its
best-known position, and (iii) a social velocity that directs the particle
towards the overall best-known position (leader, v ). Each velocity
component is multiplied by a random number between 0 and 1.

The PSO swarm is divided into three subgroups: S, and S,, each
comprising 10% of the PSO population, and S;, which includes the
remaining 80%. The leader of the first subgroup is the best position
found among the GA population (xGa), the leader of the second
subgroup is the best position found among the PSO particles (X, pso)s
and the leader of the third subgroup is the overall best-known position
found by any particle (xp)-

If the swarm fails to improve its position for four consecutive
iterations, two challengers (x, ;, x.,,) are created, and two subsets of
S;, each consisting of 12.5% of the S; population (S;; and S;,), are
assigned to follow the challengers by modifying their social velocity
(v; = x¢, — x;). Lastly, a subset comprised of 25% of S; is assigned a
random velocity perturbation v,,q; drawn from a normal distribution
4 V + v.,q4), while the remaining 50% of S; has its velocity
unchanged. This randomization helps prevent convergence to local
minima.

The second population in the PSOGA algorithm follows a modified
GA approach [52], with some adaptations. In each iteration, a fitness-
based tournament selection method is used to choose the individuals
from the current population as parents for the next generation. A
member can be selected as a parent multiple times. The parents are
paired up, and each pair produces two children. The children’s identity
(the input vector x) is represented by a set of binary genes (0s and 1s),
and is generated through crossover, where a certain number of genes
come from one parent and the remaining genes come from the other
parent. These binary genes also have a chance to undergo mutations,
where Os can turn into 1s or vice versa.

If, at any iteration, the PSO swarm has a better overall recorded
position, after the creation of children, the best particle found in the
PSO swarm (x,. pso) is combined as a parent with the best individual
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from the GA population (X ga)- Children involving these parents are
generated until 10% of the current GA generation has been replaced.

If the GA population fails to improve for three consecutive itera-
tions, 20% of the children in the current generation have their mutation
probability tripled. This adjustment helps introduce additional explo-
ration in the population and helps to escape from potential local
optima.

A schematic representation of the PSOGA algorithm is shown in
Fig. 6.

4.2. Cost function

To uniquely define the optimization problem, a cost function to
minimize is required. The aim pursued in this paper is to maximize the
payload ratio for the analyzed lunar ascent mission. For this reason, the
cost function has been written as follows:

fx) = 67“ +eydh + ¢ Av + ¢y A0 (34)

m
where 1 is the payload ratio 4 = —, Ah, Av, Af are the constraints

introduced in Section 3.3 to ensure”;%e target orbit has been reached,
and ¢; is the weight of the ith term. Notice that an equatorial launch
towards an equatorial orbit allows refraining from the enforcement of
the inclination terminal constraint.

In order to make the optimization work as intended, the weight of
each term must be carefully chosen. In particular, the weights applied
to the three constraints (altitude, velocity, and direction) have been
designed as follows:

oz Cio» if 4;>6;
! croe Umo) | if A, < 6,

where i represents a constrained variable, 4; is the displacement with
respect to the objective, and §; is the associated tolerance, introduced
in Section 3.3. This way, the optimization prioritizes the reduction of
terminal errors only at the beginning. Once the constraints are met,
the focus is shifted to the maximization of the payload ratio. An early
trial and error process has been performed to select suitable weights
that would consistently ensure the fulfillment of the constraints while
returning satisfactory payload ratio values. These are:

(35)

¢y = 100
o =001m™" ¢, =50m™
e0=2 (m/s)! ¢,; =02 (m/s)”!
cpo =500rad™" ¢;; =80 rad™!

(36)

5. Results and discussion

The integrated design of a pressure-fed HRM and of the ascent
trajectory has been conducted for a single-stage launch vehicle. The
objective is to optimize the HRM design, thrust direction, and flight
parameters to maximize the payload ratio for a nominal mission that
targets a 100 km circular lunar orbit on the equatorial plane.

A schematic representation of the entire multi-disciplinary opti-
mization problem is shown in Fig. 7. The range of variation of the
design parameters is reported in Table 3. It is recalled that the range
of variation of the pre-exponential factor, a, depends on the propellant
combination choice, as specified in Section 2.

A preliminary analysis is conducted to investigate the influence of
the total number of particles used in the PSOGA optimization on the
obtained solution. Fig. 8 demonstrates that the cost function plateaus
are very close to each other beyond a certain particle count, indicating
the reliability of the results. Hence, for the current problem, a total
population of 10,000 particles is employed.

The optimized design and flight parameters obtained from the
optimization process are summarized in Table 4 for both LOX/Wax
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Table 3
Design parameters domain.
XHRM L, Dy, Dy, £ Tiloy 0 My a ty
[m] [m] [m] [-] [kg/s] [kg/s] [mm/s - (m*s/kg)"] [s]
[0.1,2] [0.1,0.4] [0.05,0.3] [10, 100] [0.5,5] [0.2,3] [0.13,0.3] — [0.016,0.09] [100, 500]
Xflight hio Opo po Ouie.y & L5t oo Oorp
[m] [deg] [s] [deg] [-] [s] [s] [deg]
[75,350] [0,90] [5,50] [—45,45] [-1,0] [100, 400] [0,4000] [-15,15]

and H,0,(90%)/HDPE configurations. It is noteworthy that the opti-
mized value of the design parameter fp, is located at the boundary
of its defined range. While this suggests that a further improvement
could be achieved by expanding the parameter range, it is important
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to acknowledge the technical and practical constraints. Specifically,
performing a programmed nozzle rotation within a time frame smaller
than 5 s is deemed unrealistic. As for the stand-off distance between
the LV and the launch pad, h; g, which is also at the lower limit of its
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Table 4
Optimum solution vector.
Xflight LOX/Wax H,0,/HDPE XtRM LOX/Wax H,0,/HDPE
o [m] 75 75 L, [m] 0.963 0.945
6pp [degl 18.2 29.3 D, [m] 0.194 0.191
tho [s] 5 5 Dy, [m] 0.096 0.082
Oy [deg] 3.63 4.68 £ [-] 29.0 22.3
¢ [-] -0.36 -0.40 tg o [kg/s] 1.400 1.458
1, sl 207 273 gy, [kg/s] 0.416 0.478
1, [s] 2989 3296 a [mm/s - (m?s/kg)"] 0.150 0.072
Oy, [deg] -0.32 -0.31 1, [s] 211 278
Table 5 higher chamber pressure. It is noteworthy that the pre-exponential
Initial (v;) and final (v,) inertial velocity, velocity losses, and rocket 4v,,. factor, a, for LOX/Wax approaches the lower limit of its design space,
v; v Avgray Av s Avyrop while for H,0,(90%)/HDPE it tends towards the upper limit. This
[m/s] (m/s] [m/s] [m/s] (m/s] suggests that achieving an optimal configuration requires less swirl
LOX/Wax 46 1625 -134.2 -17.6 1772.2 for LOX. This could be attributed to wax liquefying nature, which
H,0,/HDPE ’ -146.0 -18.4 1784.8

defined range, further reductions are not feasible as it would violate the
minimum stand-off distance required during lift-off. The obtained value
represents the practical lower limit that ensures safe launch conditions.
These parameters (fpy and h; ) are the only ones at the boundaries of
their domain, ensuring that the solution is actually a global optimum.

Table 5 reports the initial and final inertial velocity of the vehicle,
v; and v, the cumulative amount of gravitational (4vg,,), and mis-
alignment (4v,,;;) losses, and the velocity increment provided by the
propulsion system, 4vp,, along the ascent trajectory. It is noteworthy
that, due to the Moon small gravitational pull, the ideal 4v = v, v, is
almost equal to the propulsive 4v,,,.

The mass distribution among the different subsystems (respectively
oxidizer, fuel, combustion chamber, oxidizer tank, nozzle, feeding sys-
tem, contingencies, catalytic bed, shrouds, and ancillaries) and the
HRM dimensions are summarized in Tabrlne 6, with k, being the rocket

S
my + mg '

A summary of the operating conditions of the optimal hybrid rockets
design, averaged over the total burning time (considering both burns),
is shown in Table 7. These operating conditions are a direct result
of the mission requirements for lunar ascent. Unlike launch vehicles
operating on Earth, a lunar ascent trajectory does not have the atmo-
spheric drag and experiences lower gravitational forces. Consequently,
the optimal design favors lower thrust and chamber pressure to save
structural mass. This leads to an average thrust of approximately 5.20
or 6.70 kN (depending on the propellant combination) and to a cham-
ber pressure of about 5 bar. The optimizer prioritizes improving the
structural coefficient of the hybrid rocket by reducing dimensions and
material thickness rather than compensating for gravitational losses
with higher thrust or rather than increasing specific impulse through

structural coefficient, defined as k, =
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leads to inherently higher fuel regression rates, whereas HDPE low
regression rate necessitates swirl injection to attain sufficient thrust.
The average mixture ratio, approximately 1.9 for LOX/Wax and 5.2 for
H,0,(90%)/HDPE, is selected to be around the optimal value, leading
to an average specific impulse of, respectively, 312.8 and 300.0 s.
Note that the average O/F is slightly lower than the one associated
to maximum theoretical performance, as the optimizer favors slightly
fuel-rich conditions to mitigate throat erosion. The operating conditions
of the optimized configurations are similar to the operating conditions
of other optimized HRMs for extraterrestrial ascent missions, such
as the Mars ascent missions described in [53,54]. It is important to
underline that the optimal configurations satisfy the 5g axial accel-
eration constraint, with the maximum a, during the trajectory being
1.15¢ for LOX/Wax and 0.91 g for H,0,(90%)/HDPE. Note that none
of the values reported in Table 7 seem to raise concerns for practical
applications since operational parameters are neither too large or too
small with respect to the state of the art. Similar values of regression
rate and O/F can be found in [55] for H,0,/HDPE, and in [24] for
GOX/Wax, which also shows a similar chamber pressure with respect
to the optimized launch vehicle. Comparable O/F for GOX/Wax can be
found in [26]. A similar oxidizer mass flow rate is used in [39], for a
H,0,/HTPB propellant combination aimed at testing the performance
of catalytic beds. Lastly, a similar thrust can be found in [56] (6 kN),
in a HRE concept design of a Mars Ascent Vehicle developed and tested
at JPL.

A single-stage hybrid rocket is therefore capable of successfully
carrying out the proposed lunar ascent mission, using two separate
burns and a coasting phase to minimize the energy requirement. With
respect to a two-stage configuration (needed for example when using
solid rockets), a single-stage is less complex and less expensive. In
addition, the need to recover only one stage improves the reusability
of the launch vehicle.

When comparing propellant combinations, the average specific im-
pulse of LOX is higher than that of hydrogen peroxide by approximately
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Table 6
Optimal HRMs mass budget and dimensions.
Mox Mgy me My Moz Mieed Meont Myeq Mgy Manc Lo Dy, ks
[kg] [kg] [kg] [kg] [kg] [kg] [kg] [kg] [kg] [kg] [m] [m] [-]
LOX 300.4 157.9 18.34 5.85 32.15 7.45 13.75 - 1.90 8.83 3.604 0.526 0.161
H,0, 408.6 78.56 9.90 4.89 31.33 7.69 14.62 7.02 1.44 8.54 5.019 0.386 0.149
100l — Lift-off e 100 — Lift-off e
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Fig. 9. Launch vehicle altitude time-history.
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Fig. 10. Launch vehicle 2-D trajectory (Moon equatorial plane).

Table 7
Optimal HRMs operating conditions, averaged over time, and LV initial and final mass.
Frx  O/F  p, 7 I, Loy My mg A
[kN] [-]  [bar] [mm/s] [s] [kNs] [kgl [kgl [-]
LOX/Wax 6.88 1.90 4.83 0.780 312.8 1412 1047 588 0.4777
H,0,/HDPE 5.26 5.18 4.91 0.346 300.0 1438 1073 585 0.4662

13 s (4.3%). H,0,(90%)/HDPE, instead, presents a structural coeffi-
cient about 1.2% lower than the LOX/Wax combination because of the
mass savings associated with the lighter tank and combustion chamber,
owing to the use of more volumetrically efficient propellants. The
LOX/Wax propellant combination provides a 1.15% higher payload
ratio compared to the H,0,(90%)/HDPE combination, equivalent to
a weight reduction of approximately 26 kg in the LV lift-off mass.
This improvement is attributed to the higher I, of LOX, leading to
a lower propellant consumption, and to the increased thrust achiev-
able by liquefying fuels, leading to a reduction in gravitational losses
(approximately 8.1% lower for LOX/Wax compared to the hydrogen
peroxide combination).

Figs. 9 and 10 illustrate the optimized trajectory of the launch vehi-
cles for both propellant combinations. In particular, Fig. 9 depicts the
altitude-time profile of the optimized flight path, while Fig. 10 presents
the trajectory projected onto the 2-D equatorial plane of the Moon. The
launch vehicle initially follows a direct ascent until an altitude of 6 km
has been reached. At this point, with the flight path angle near zero,
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the altitude remains in close proximity to this value while the velocity
continues to increase until the end of the first HRM burn. The attained
velocity enables the vehicle to enter a Hohmann-like transfer orbit.
A prolonged coasting phase, lasting approximately half of an orbital
period, is performed until reaching the target altitude. Subsequently,
a brief second ignition of the HRM is conducted to adjust the final
velocity direction and to increase the transfer orbit energy to match that
of the desired circular orbit. The utilization of a Hohmann-like transfer
represents the optimal mission scenario for injecting the launch vehicle
into the target orbit and is made possible by the restart capabilities of
the propulsion system employed. It is evident that the two propellant
combinations exhibit minimal differences in their mission profiles. With
the exception of a small difference in the coasting time and a slightly
different shape of the transfer orbit, the trajectories of the LVs are very
similar. This similarity arises because the optimal trajectory must be as
close as possible to an Hohmann transfer, independently of the specific
propellant combination employed.

Figs. 11 and 12 present the thrust elevation (defined in Section 3.1,
Fig. 4) and the flight path angle during the BLT guidance (Fig. 11)
and orbit insertion (Fig. 12) phases. During the initial HRM firing
(Fig. 11), the BLT guidance strategy effectively adjusts the launch
vehicle attitude to achieve a gradual tilt, facilitating rapid altitude
gain and minimizing gravitational losses. Simultaneously, it maintains a
relatively small misalignment between the thrust direction and inertial
velocity, and achieves a small final flight-path angle. This approach
aims to minimize misalignment losses and aims to prepare the vehicle
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Fig. 12. Thrust elevation and flight-path angle during orbit insertion.

for the subsequent phase of orbit insertion. It is interesting to note the
high angular difference between thrust and velocity at the beginning
of the BLT guidance, respectively 40 degrees for LOX and 30 degrees
for H,0,. This result stems from the optimizer attempt to tilt the
LV horizontally as fast as possible in order to reduce gravitational
losses. This fast tilting is possible in such a mission scenario as there
is no Qa constraint nor drag force. It is clear that such high TVC
actuation angles might prove technologically challenging to achieve.
However, TVC technical constraints are not considered at this stage
as they are not well known in the literature for the mission scenario
under consideration. Nevertheless, such a constraint could be easily
implemented by slightly reducing the kick angle, 6pg, at the end of
the pitch-over and by slightly increasing the pitch-over duration, 7pg,
without affecting the quality of the results.

In the second HRM firing (Fig. 12), instead, the thrust elevation
is close to zero, as expected during a well-performed Hohmann-like
transfer. For the same reasons as for the trajectory, guidance of the
LVs is very similar between the two propellant combinations.

Despite the similar mission profiles, differences between the cho-
sen propellant combinations can be seen when considering the LVs
operating conditions. Fig. 13 displays the time-dependent profiles of
vacuum thrust and mass flow rate for the HRMs, Fig. 14 depicts the
chamber pressure and throat diameter, and Fig. 15 shows the charac-
teristic velocity and mixture ratio (excluding the coasting phase). The
observed behavior of each parameter aligns with typical expectations
for pressure-fed hybrid rocket systems with the chosen propellant
combinations. When LOX/Wax is considered, the slight decrease in
thrust and mass flow rate is a direct consequence of grain regression,
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as ry, DI'J‘Z” (rearranging Eqs. (3) and (4)). The decrease in chamber
pressure, instead, is mainly an effect of throat erosion, as p, = m.c*/A,
(rearranging Eq. (5)). The increase in mixture ratio throughout the burn
is typical of propellants with a mass flux coefficient n > 0.5 (Eq. (22)).
As for H,0,(90%)/HDPE, the observed decrease in chamber pressure
can still be attributed to throat erosion. However, thrust and mass flow
rate show a slight increase over time. This behavior can be attributed
to the use of a pressure-fed system and to the value of the mass flux
coefficient, n. In fact, the oxidizer mass flow rate increases over time
due to the reduction in chamber pressure (s,  p — pp, EQ. (2)). Mass
flow rate decay associated with grain regression is instead not present
due to the mass flux coefficient n = 0.5 (rip, Dé‘z"). Consequently,
the mixture ratio exhibits a monotonically increasing trend, which is
also in line with Eq. (22).

An in scale 2-D view of the two HRM configurations is shown
in Fig. 16. It is evident that the primary distinction between the
two configurations pertains to the oxidizer tank length and the stage
diameter. In the case of hydrogen peroxide, owing to the considerably
higher operating mixture ratio, the oxidizer tank is significantly larger,
nearly doubling the size of the LOX configuration tank. Conversely,
the diameter of the hydrogen peroxide rocket is smaller due to the
utilization of a pyrolyzing fuel, resulting in a reduced grain regression
rate. Consequently, to attain the required thrust, a longer grain becomes
necessary, and despite the smaller fuel mass, the chamber length of the
hydrogen peroxide configuration remains essentially the same of the
LOX one.

Overall, the LOX configuration offers a slightly better payload ratio.
However, the restarting capabilities and the easier storability of the
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Fig. 15. Characteristic velocity and mixture ratio time-history (without coasting).

hydrogen peroxide combination, along with the improved mechanical
properties of HDPE with respect to pure paraffin-wax, might be key
factors in the propellant selection process.

The HRM configuration that utilizes hydrogen peroxide 90% and
high-density polyethylene as propellants features a propellant mass
Mpyop = 487.16kg and a dry mass mg = 85.43kg. The rocket is 5.019 m
long and 0.386 m wide (L/D = 13.00). The total burning time #, is
divided into two phases 7, (ascent trajectory) and ¢, (orbit insertion),
respectively 273 s and 5 s. A maximum payload ratio A = 0.4662
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(m, =500 kg and m, = 1073 kg) is injected into the target orbit. This is
consistent with a propulsive 4v = 1784.8 m/s (see Table 5), k, = 0.149
(see Table 6), and I, =300.0s (see Table 7), according to Tsiolkovsky’s
equation.

6. Conclusions

This paper proposes the use of a single-stage hybrid rocket with
swirl injection for a lunar ascent mission, targeting a 100 km circular
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Fig. 16. 2-D view of the optimal HRM configurations, in scale.

orbit on the equatorial plane. To this aim, a multi-disciplinary opti-
mization problem has been formulated, where the HRM design and
ascent trajectory are concurrently optimized. The goal is to maximize
the payload ratio carried into the target orbit while meeting a number
of constraints related to the motor dimensions and to the payload
structural integrity.

In this context, a 0-D internal ballistics model is used to evaluate the
performance and gross mass of a specific HRM design, defined by a set
of parameters that identify its geometrical dimensions and operating
conditions. The model outputs, including thrust, mass flow rate, and
gross mass, are then processed by a three-degree of freedom point-mass
dynamical model, incorporating design variables for thrust direction to
define the ascent trajectory.

An in-house population-based heuristic algorithm is utilized to solve
the integrated optimization problem. This algorithm combines two
distinct populations, each employing a different optimization approach:
particle swarm optimization (PSO) and genetic algorithms (GA). The
two populations interact and exchange information to find the optimal
solution for the problem at hand. A preliminary analysis verifies the
insensitivity of the solution to the algorithm population size.

The obtained results demonstrate the feasibility of the proposed
propulsion system for the investigated lunar ascent mission. The single-
stage configuration offers advantages such as reduced complexity,
lower cost, and enhanced reusability compared to a two-stage setup.
The utilization of hybrid rocket propulsion restart capabilities enables
the efficient implementation of a coasting phase between the direct
ascent and orbit insertion, resulting in a highly effective Hohmann-like
transfer.

Two propellant combinations are considered: LOX/Wax and
H,0,(90%)/HDPE. In the case of LOX/Wax, the high-performance
characteristics of liquid oxygen are acknowledged, but challenges re-
lated to its cryogenic nature and handling complexities are also taken
into account. Additionally, the need for dual igniters to achieve restart
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capabilities introduces uncertainties regarding the second ignition.
Conversely, the H,0,(90%)/HDPE combination presents several ad-
vantages. Hydrogen peroxide as a storable propellant eliminates the
difficulties associated with cryogenic handling. Moreover, the decom-
posed oxidizer from the catalytic bed acts as a hypergolic propellant
with HDPE, circumventing the ignition challenges encountered with
LOX/Wax. Lastly, the use of HDPE offers more reliable grain mechani-
cal properties with respect to pure paraffin-wax. Despite the payload
ratio associated to the LOX configuration is 1.15% higher than the
one associated to hydrogen peroxide, resulting in a weight reduction
of about 26 kg, overall, based on a comprehensive evaluation of
feasibility and performance considerations, the analysis concludes that
the H,0,(90%)/HDPE combination emerges as the preferred propellant
choice for the proposed lunar ascent mission.

Future work involves the analysis of lunar ascent missions to higher
lunar orbits, such as missions to the Lunar Orbital Platform-Gateway
which should be placed in HALO orbit with a perilunar altitude of
approximately 1630 km [10]. In addition, in-situ resources might be
considered as propellants or launch vehicle materials in order to assess
their effects on performance.
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